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PREFACE 

This two-part document contains text and figures for the papers presented 
at the Symposium on Transonic Unsteady Aerodynamics and Aeroelasticity - 1987, 
held at the NASA Langley Research Center on May 20-22, 1987. The Symposium, 
which reviewed the subject area, was the third such meeting at Langley. The 
previous workshops were held in 1980 and 1983 and were an outgrowth of a meet- 
ing held at Columbus, Ohio in 1978 to assess the state of unsteady aerodynamics 
for use in transonic flutter analysis. 

The papers were grouped in five subject areas, which may be described 

(1) Transonic small disturbance (TSD) theory for complete aircraft 

(2) Full potential and Euler equation methods 
(3) Methods for vortex and viscous flows 
(4) Aeroelastic applications 
(5) Experimental results and cascade flows 

The decade since the Columbus meeting has seen the wide acceptance of 
computational fluid dynamics methods for. transonic aeroelastic analysis. In 
1978, calculations with the TSD methods for two-dimensional airfoils (espe- 
cially the NASA Ames LTRAN code and its derivatives) were well established, 
and the USAF Flight Dynamics Laboratory had initiated development of the first 
TSD code (XTRAN3) for three-dimensional wings. As demonstrated in the papers 
from the 1987 meeting contained herein, the TSD methods (the NASA Langley 
CAP-TSD code in particular) can now be applied to the aeroelastic analysis of 
complete aircraft. Methods suitable for situations in which small disturbance 
theory is inadequate are being aggressively pursued. 

broadly as: 

configurations 

Future research should follow three main paths: 

(1) Development of more exact methods using the full potential, Euler, 
and Navier-Stokes equations 

(2) Evaluation o f  the TSD methods by detailed comparison with more 
exact methods and experiment 

(3) Detailed pressure measurements and flutter tests on well-defined 
aeroel ast i c model s . 

Samuel R.  Bland 
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OUTLINE 

The p r e s e n t a t i o n  (F igu re  1 ) w i l l  be  broken i n t o  two a reas :  (1 ) 
t r a n s o n i c  unsteady aerodynamic development of the XTRANTS code and ( 2 )  some 
o t h e r  a e r o e l a s t i c  r e sea rch  and development w i t h i n  the  S t r u c t u r e s  Div i s ion  
(Ai r  Force Wright Aeronaut ica l  Labora to r i e s ,  F l i g h t  Dynamics Labora tory) .  
The first area w i l l  cover  h i s t o r i c a l  development of t he  XTHAN3S program, 
t h e  J o i n t  AP/NASA unsteady aerodynamics program t o  expand and improve t h i s  
code, and t h e  new e f f o r t s  f o r  a p p l i c a t i o n s  and improvements of XTRAN3S. 
The second a r e a  w i l l  cover  t h r e e  a e r o e l a s t i c  r e sea rch  and development 
e f f o r t s  t h a t  may be of  i n t e r e s t  t o  t h i s  group. 
- Analog and D i g i t a l  Aeroservoelas  t i c i t y  Method c a l l e d  ADAM, ( 2 )  an  Automated 
- STRuctural  G t i m i z a T i o n  Sgstem c a l l e d  AZTROS, and (3) a new e f f o r t f o r  
improved f l i g h t  l o a d s  p red ic t ions .  

These e f f o r t s  are ( 1 )  a n  

TRANSONIC UNSTEADY AERO DEVELOPMENT - XTRAN3S 

o HISTORICAL DEVELOPMENT 

o JOINT AF/NASA PROGRAM 

o CURRENT RESEARCH AND APPLICATIONS 

0 AEROELASTIC RESEARCH AND DEVELOPMENT 

o ANALOG AND DIGITAL AEROSERVOELASTICITY 

M E T H O D  

o A U T O M A T E D  STRUCTURAL OPTIMIZATION 

SYSTEM 

o FLIGHT LOADS PREDICTION M E T H O D  

Figure 1 
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HISTORICAL DEVELOPMENT OF XTRAN3S 

Figure 2 gives a roadmap showing the development of the XTRAN3S code. 
In 1974, Ballhaus and Steger published a report (NASA TM X-73,082) on fully 
implicit finite difference schemes for 2-D unsteady transonic flows that 
permitted time step selection based on accuracy rather than stability 
considerations. 
a conservative, implicit finite-difference algorithm to integrate the 
non-linear, low-frequency, transonic, small-disturbance equation in time. 
The XTRAN3S (exact TRANsonic 3-dimensional aerodynamics with Structural 
effects) code is an extension of the Ballhaus/Goorjian procedure used in 
LTRAN2. The XTRAN3S code was developed by Boeing under an AFWAL contract. 
Both NASA Ames and Langley provided valuable consultation during the 
contract and worked to extend and improve the code. 

This l e d  t o  t h e  development of  t h e  LTRAN2 code which used 

I n  1985, a j o i n t  AFWAL and NASA (Ames and Langley) e f f o r t  w a s  i n i t i a t e d  
t o  extend and improve XTRAN3S and t o  exp lo re  promising long-term computa- 
t i o n a l  f l u i d  dynamics (CFD) methods. A l l  agreed t o  work t o  ach ieve  a code 
t o  s a t i s f y  t h e  needs of  f u t u r e  A i r  Force f i g h t e r s  by t h e  1989 t i m e  pe r iod .  
The nex t  f e w  c h a r t s  w i l l  g i v e  more d e t a i l s  on each p a r t i c i p a n t ' s  e f f o r t s  
on X " 3 S .  
p r e s e n t e d  on a la ter  c h a r t .  

Details of c u r r e n t  a p p l i c a t i o n s  and r e s e a r c h  w i l l  a l s o  be  

NASA Langley's efforts on XTRAN3S and their in-house research with 
Approximate Factorization (AF) algorithms l e d  t o  t h e  r e c e n t  development of 
their transonic small disturbance code called CAP-TSD. There will be 
several papers presented at this symposium on this code. 

70 75 80 a5 90  

2-0 UNSTEADY 
TRANSONIC ALGOPIlHU 
(SIEGFR k BrLLHAUS) 

NASA AYES 

LIWAN~ ntvrLoPurNi 
(BILLHAUS k GOORJIAN) 

XlRANJS 
APPLICATIONS 

AND RESEARCH 

AFWAL 

i 
JOINT AF/NASA 

UNSTEADY AERO PROG 

-c A F W I L  

d BDElNG 
NASA AYES I XTRANIS IUPRDVCUENTS N A S A  UNGLEY 

AND APPLICAIIONS 

AFWAL 
NASA AYES 
NASA LANGLEY I I 

Figure 2 
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JOINT AFWAL, NASA LANGLEY, NASA AMES EFFORT 

AFWAL 

The XTRAN3S code has been used a t  A F i A L  f o r  s t eady  and unsteady 
aerodynamic c a l c u l a t i o n s  and f o r  dynamic a e r o e l a s t i c  a n a l y s i s .  F igu re  3 
lists some of p a s t  and on-going e f f o r t s  w i th  XTRAN3S a t  AFWAL. In-house 
unsteady aerodynamic a p p l i c a t i o n s  have been made f o r  the  LANN wing, F-5 
wing, and F-5 Xing with c o n t r o l  s u r f a c e .  P r e s e n t l y ,  17. Sotomayer i s  
i n v e s t i g a t i n g  n o n - r e f l e c t i v e  f a r - f i e l d  boundary cond i t ions  f o r  X T R A N 3 S .  
Another on-going e f f o r t  i nvo lves  a e r o e l a s t i c  c a l c u l a t i o n s  f o r  the  Corne l l  
45 degree swept wing which wi1l;be discussed  i n  more d e t a i l  on the next  
c h a r t .  

XTRAN3S Applications and Improvements 

AFWAL FDL In-House 

F-5 Wing and Wing-Control Surface 

LANN Wing 

Non-Reflecting Boundary Conditions 

0 Aeroelastic Calculations for Cornell Wing 

Figure  3 
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AEROELASTTC CALCULATIONS FOR CORNELL W I N G  

Subsonic and supe r son ic  a e r o e l a s t i c  c a l c u l a t i o n s  hove been conducted 
by AFWAL f o r  t h e  Corns11 45' Swept Wing shown i n  F igure  4. 
dynamically similar models of d i f f e r e n t  mass and s t i f f n e s s  was tested by 
Cornel1 Aeronaut ica l  Laboratory i n  1956, and the non-dimensional flutter 
t rend ve r sus  Mach number f o r  va r ious  inass r a t i o s  are shown i n  t h e  f i g u r e .  
The r e s u l t s  of t h i s  in-house e f f o r t  by Pendleton and French w i l l  be 
presented  a t  t h e  A I A A  Aircraft Design Conference i n  September 1987. 

A set  of 

J 

Transonic  a e r o e l a s t i c  c a l c u l a t i o n s  a r e  underway us ing  the  XTHANjS 
code. The l i n e a r  and non l inea r  XTRAN3S c a l c u l a t i o n s  a t  M-0.8 agree  very  
wel l  wi th  t h e  double t  l a t t i c e  p r e d i c t i o n s  and with test  d a t a .  Add i t iona l  
c a l c u l a t i o n s  w i l l  be performed i n  tha range of M=.95 t o  !!=I .13 t o  d e f i n e  
t h e  t r a n s o n i c  d i p  and t o  compare a i t h  t es t  da ta .  

CORNELL 45OSWEPT WING FLUTTER TRENDS 

0 . 0  

0.Q 

0.- 

R U  

0.w 

0.60 

0.w 

0.W 

0.W 

0 .. .o .I .(I .a 1.a I.@? 1.11 1.1) 0 .a 
h!* 

Figure 4 
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J O I N T  AFdAL, NASA AMES, AND NASA LANGLEY EFFORT 

NASA A m e s  

NASA A m e s  has  been a c t i v e  with t h e  XTRAN3S program s i n c e  i t s  e a r l y  
development. An o u t l i n e  o f  t h e i r  e f P o r t s  i 3  presented  i n  F igure  5. T h e i r  
a p p l i c a t i o n s  inc lude  "-5 wing and F-5 u ing  wi th  t i p  s t o r e ,  a e r o e l a s t i c  
s n a l y s i s  of the B-1 wing, and o t h e r  ana lyses  f o r  research  conf igu ra t ions .  
TJnder a NASA A m e s  c o n t r s c t ,  Boeing developed t h e  procedure f o r  i n c l u d i n g  
inv iac id /v iscous  i n t e r a c t i o n  f o r  three-dimensional  t r anson ic  flow. NASA 
Ames developed a lgor i thm improvements and g r idd ing  f o r  wing/ t ip  s t o r e  and a 
full-volume fuse l age  c a p a b i l i t y .  Supersonic  boundary cond i t ions  were 
r e c e n t l y  added t o  the  XTRAN3S code b j  NASA Ames. 

XTRAN3S Applications and Improvements 

NASA Ames 

Applications (B-1, F-5, etc.) 

Algori thm Improvements 

Wing/T ip  Store Capability 

Full-Volume Fuselage Capability 

Supersonic Capability 

Figure  5 
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J O I N T  AFWAL, NASA AMES, AND NASA LANGLEY EFFORT 

NASA Langley 

A s  shown i n  F igure  6 ,  NASA Langley has  a l s o  been very a c t i v e  i n  the 
a p p l i c a t i o n  and iinproveinent to t h e  XTRANSS code. The i r  a p p l i c a t i o n s  
inc lude  tho F-5 wing, RAE wing-fuselage,  wing/cysnard, and s e v e r a l  r e sea rch  
wings. 
c a p a b i l i t y ,  and wing/ t a i l  o r  canard/wing c a p a b i l i  tjr. 
provided programnor suppor t  and managed the  Boeing coritrac t f o r  
wing/pylon/nacelle c a p a b i l i t y .  P r e s e n t l y  they are working on Lhe 
development and vaLida t i o n  of t h e i r  new code c a l l e d  CAP-TSD (Computa t iontl l  
- A e r o e l a s t i c i  ty  Progralii - Transonic  - Small  D i s  t u r b ~ r i c e )  , u t i l i z i n g  a n  
Approximate FacToriza tion-( AI') scheme. 

The i r  improvements i nc lude  a l g o r i  thm development, wing/f i iselage 
They have a l s o  

X T R A N 3 S  Applications and Improvements 

NASA Langley 

0 Applications (F-5, RAE Wing-Fuselage, WinglCanard, etc.) 

0 Algorithm Improvements 

Wing/Fuselage and Wing/Tai l  Capability 

0 Boeing Contract for Wing/Pylon/Nacelle Capability 

0 Programmer Support 

Figure 6 
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CURRENT RESEARCH AND APPLICATIONS 

I n  June 1986, AFWAL i n i t i a t e d  a PRDA (Program Research and 
Development) f o r  a p p l i c a t i o n s  and improvements t o  XTRAN3S. 
t h r e e  c o n t r a c t s  w i l l  r esu l t  from t h i s  PRDA (F igu re  7 ) .  
i nvo lve  improved unsteady c a l c u l a t i o n s  u s i n g  a v a i l a b l e  experimental  
p r e s s u r e  da t a .  
f o r  wing/fuselage,  wing/pylon/nacelle,  and supe r son ic  a n a l y s i s  i n t o  a n  
iaproved ve r s ion  of XTRAN3S. Applicat ions to  a f i g h t e r  with stores and a 
t r a n s p o r t  c o n f i g u r a t i o n  will be performed t o  v a l i d a t e  t h i s  code. The 
t h i r d  c o n t r a c t  w i l l  i n v o l v e  a p p l i c a t i o n s  of both XTRAN3S and CAP-TSD to a 
f i g h t e r  c o n f i g u r a t i o n  wi th  f l i g h t  t es t  da t a .  

We a n t i c i p a t e  
One c o n t r a c t  w i l l  

The second c o n t r a c t  w i l l  i n t e g r a t e  e x i s t i n g  c a p a b i l i t i e s  

0 UNSTEADY PERTURBATIONS AROUND AN 
EXPERIMENTAL MEAN 

0 XTRAN3S INTEGRATION, IMPROVEMENT, AND 
A P P L I CAT I 0 N 

o WING/FUSELAGE 
o WlNG/PYLON/NACELLE 
o SUPERSONIC 
o A-6 AND TRANSPORT APPLICATION 

XTRAN3S AND CAP-TSD (NASA LANGLEY) 
APPLICATIONS AND COMPARISON WITH T E S T  FOR 
F I G H T E R C 0 N F I G U RAT I 0 N S 

Figure 7 
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AEROSERVOELASTICITY 

S t r u c t u r a l  dynamics, f l i g h t  c o n t r o l s ,  and unsteady aerodynamics are 
independent technologies  f o r  t h e  purpose of r e sea rch ,  bu t  f o r  modern 
a i r c r a f t  des ign ,  e a r l y  simiil taneous cons ide ra t ion  o f  t hese  d i s c i p l i n e s  is  
necessary  t o  prevent  ae rose rvoe la s  t i c  problems. Without e a r l y  i n t e r a c t i o n  
between these  technologies  (F igu re  8) i n  the  des ign  process ,  a i r c r a f t  wi th  
high-gain f l i g h t  c o n t r o l  systeras may be d r iven  u n s t a b l e  as a r e s u l t  o f  the 
f eed ing  back of s triictural displacements .  Seve ra l  f i g h t e r s ,  bombers, and a 
target drone have experienced such a e r o s e r v o e l a s t i c  problems. 
ex tens ive  a n d y s e s  and tes t s  are requi red  to  prevent  adverse  c o n t r o l  
s y s  tem/s t r u c  tural i n t e r a c t i o n s .  A i r c r a f t  des ign  t r ende  i n d i c a t e  t h a t  
v e h i c l e s  of t he  f u t u r e  w i l l  be even more f l e x i b l e ,  emphasiaing the  need f o r  
i n t e g r a t e d  des ign  and a n a l y s i s  procedures  to  o b t a i n  the  d e s i r e d  
performance . 

Cur ren t ly ,  

SERVO 

AERO L 

AEROELASTIC 
L STIC 

Figure 8 
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ANALOG AND DIGITAL AEROSERVOELASTIC ~ T H O D  (ADAM) 

LEVEL 111 - Z-PLANE ROOT LOCUS S-PLANE ROOT LOCUS - 
I 
I 

TIME HISTORY -I' - - -- - - - 1 -~ FREQUENCY RESPONSE 
I LEVELIV , 

SENSOR NOISE -' L - -  - - - - -  SIMULATION - J - GUST RESPONSE 

The F l i g h t  Dynamics Laboratory is developing techniques to  ana lyze  
a i r c r a f t  wi th  e i t h e r  ana log  o r  d i g i t a l  f l i g h t  c o n t r o l  systems and is 
i n c o r p o r a t i n g  t h e s e  i n t o  a new in-house a n a l y s i s  computer program c a l l e d  
ADAM (Analog and D i g i t a l  A e r o s e r v o e l a s t i c i t y  Method). The o b j e c t i v e s  o f  
t h i s  e y f o r t  a r e  tz improve the in-house capabTl i ty  f o r  performing ana lyses ,  
t o  develop t h e  c a p a b i l i t y  t o  a u d i t  ongoing a i r c r a f t  development programs 
and t o  enable  the e v a l u a t i o n  of p roposa l s  of advanced a i r c r a f t  des igns  from 
an a e r o s e r v o e l a s t i c  cons ide ra t ion .  A secondary o b j e c t i v e  is  to e s t a b l i s h  a 
c l o s e r  working r e l a t i o n s h i p  and t o  iinprove communication among s t r u c t u r a l  
dynamics, c o n t r o l s ,  and aerodynamics engineers .  

ADAM is  capable of ana lyz ing  t h e  a e r o s e r v o e l a s t i c  c h a r a c t e r i s t i c s  of  
complete a i r c r a f t  i n  e i t h e r  t h e  l o n g i t u d i n a l  o r  l a t e r a l / d i r e c t i o n a l  modes. 
The program is  c u r r e n t l y  o p e r a t i o n a l  and w i l l  be c o n t i n u a l l y  improved t o  
add t h e  most d e s i r a b l e  f e a t u r e s  f o r  performing a e r o s e r v o e l a s t i c  a n a l y s i s .  
ADAM i s  now capable of ana lyz ing  a i r c r a f t  s t a b i l i t y  f o r  ana log  
multi-input/multi-output (MIMO) c o n t r o l  systems and f o r  d i g i t a l  systems to  
a l i m i t e d  e x t e n t .  The program is being  modified t o  f u l l y  account f o r  
d i g i t a l  systems. For  ana lyses  invo lv ing  ana log  c o n t r o l  systems, c l a s s i c a l  
r o o t  locus c r i t e r i a  are employed. I f  a d i g i t a l  c o n t r o l  system is involved,  
d i s c r e t i z a t i o n  techniques  a r e  used. F igu re  9 p r e s e n t s  the o p e r a t i o n a l  flow 
diagram for ADAM. 

QENERALIZED MASS - 
QENERALIZED STIFFNESS CONTROL SYSTEM 

TRANSFER FUNCTIONS 
QENERALIZED DAMPINQ 

- BODE PLOTS OF 
TRANSFER FUNCTIONS 

QENERALIZED ' 
AERODYNAMICS 

Figure 9 



DEVELOPMENT OF A N  "AUTOMATED STRUCTURAL OPTIMIZATION SYSTEM' ( ASTROS) 

The g o a l  of t h i s  e f f o r t  (F igu re  10) is t o  combine modern op t imiza t ion  
a lgo r i thms  and proven m u l t i d i s c i p l i n a r y  a n a l y s i s  programs w i t h  t h e  l a t e s t  
computer so f tware  advances. The r e s u l t i n g  s ta te-of- the-ar t  s t r u c t u r a l  
des ign  too l  can h e l p  meet performance requirements  of f u t u r e  aerospace  
v e h i c l e s  wi th  t h e  payoff  i n  least  weight and/or cost. A procedure for 
p re l imina ry  s t r u c t u r a l  des ign  or modi f ica t ion  of a i r c ra f t  and s p a c e c r a f t  is 
being developed. 

ASTROS 

i 'i AIR FORCE 
STRUCTURAL 
0 PTI M I Z AT10 N 
SYSTEM 

Figure  10 
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AUTOMATED STRUCTURAL OPTIMIZATION SYSTEM 

The computer code for Automated - STRuctural Optimization System 
(ASTROS) has an executive system and an engineering data base-management 
system to support six technical (engineering) modules (Figure 1 1 ) .  The 
engineering modules include Structures and Dynamics, Air Loads (Subsonic 
and Supersonic), Aeroelasticity, Sensitivity Analysis, Optimization, and 
Control Response. 

The Structural Analysis is based on the finite element method, 
incorporating static and thermal loads, buckling analysis, eigenvalue 
analysis, and dynamic response. The Air Loads module calculates static air 
loads using Woodward aerodynamics. The Aeroelasticity module calculates 
the unsteady aerodynamic forces uging the subsonic doublet lattice and 
supersonic potential gradient methods, and calculates flutter speed using 
the p k  method. In addition to flutter, ASTROS can consider static 
divergence, control surface effectiveness, and roll effectiveness as design 
criteria. The goal of the Optimization module is to produce an optimum 
design starting from an arbitrary initial design, while satisfying all the 
requirements imposed by the constraints. The Control Response module 
determines the structural response to control input for the final design. 

ASTROS is currently being tested in-house in anticipation of the final 
code delivery in March 1988. The program is proving useful not only for 
structural optimization, but also for its capability to do any combination 
of static or dynamic structural analysis, air loads, or flutter in an 
analysis mode. 

Engineering Disciplines 

Structural Analysis 

av av 

Figure 11 



FLIGHT LOADS PREDICTION METHODS FOR FIGHTER AIRCRAFT 

The prime motivator that  has l e d  to  the significant progress i n  
Computational F l u i d  Dynamics (CFD) for a i rcraf t  has been the desire to  
accurately predict aerodynamic flow field so that aerodynamic performance 
can be improved and accurate prediction of l i f t  and drag can be obtained. 
These same advances can improve predictions of structural loads. 

The objective of t h p  effort  is to  apply advanced CFD methods t o  
structural loads calculations (Figure 12). These advanced CFD methods are 
needed a t  high angles of attack where separation may occur and i n  the 
transonic f l ight  regime where shock waves may significantly affect the 
loads. The approach is to  u t i l i ze  a proven CFD method coupled w i t h  f in i te  
element structural analysis software so that loads can be calculated for an 
elast ical ly  deformed structure. 

Lockheed-Georgia was t h e  winner of t h i s  competitive procurement. 
3-year contract is expected to  s t a r t  i n  May 1987. The CFD method that 
Lockheed w i l l  use is a fu l l  Navier-Stokes flow solver i n  conjunction w i t h  a 
grid generator that will generate grids about rea l i s t ic  3-dimensional 
a i rcraf t .  Five ( 5 )  months af ter  contract s t a r t ,  Lockheed w i l l  deliver an 
interim version of t h e  software which w i l l  calculate the flow field about 
rigid generic wing/body combination. T h i s  will be r u n  on the Cray XMP 12 
a t  Wright Patterson and t h e  Cray XMP 48 a t  NASA Ames. The AFWAL contact is 
Mr Elijah Turner, (513) 255-6434 or Autovon 785-6434. 

The 

OBJECTIVE: DEVELOP CFD AEROELASTIC LOADS 
ANALYSIS C O D E  FOR SEPARATED F L O W  

FULL NAVIER-STOKES 
2ND-ORDER ACCURATE STEADY/UNSTEADY 
3-D AIRCRAFT 

APPROACH : 

0 COUPLE EXISTING CFD F L O W  SOLVER W I T H  FINITE 
E L E M E N T  STRUCTURAL ANALYSIS SOFTWARE 

0 VALIDATE CODE 

ANTICIPATED COMPLETION: MAY 1990 

Figure 12 
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CONCLUDING REMARKS 

An efficient and accurate transonic unsteady aerodynamic method is 
needed for predicting fl ight loads, f lu t te r ,  and aeroservoelastic s tab i l i ty  
for advanced aircraf t ,  There have been new developments and many 
improvements t o  older codes. XTRAN3S which was featured a t  t h e  l a s t  
workshop, has been improved and w i l l  be a useful code for the near-term. 
However, t o  predict t h  unsteady aerodynamics for high performance 
maneuvering aircraf t ,  t h e  Euler/Navier-Stokes codes m u s t  be extended and 
improved for complex three-dimensional configurations. The long-term goal 
is development of Euler/Navier-Stokes unsteady aerodynamic methods for 
aeroelastic analysis (Figure 13). 

0 AN EFFICIENT & ACCURATE TRANSONIC UNSTEADY 

AERO M E T H O D  IS NEEDED FOR ADVANCED AIRCRAFT. 

XTRAN3S WILL  CONTINUE TO BE USED IN T H E  NEAR- 

T E R M .  

AN AIR FORCE LONG-TERM GOAL IS DEVELOPMENT 

OF EULER/NAVIER-STOKES UNSTEADY AERO M E T H O D S  

FOR AEROELASTIC ANALYSIS. 

Figure 13 



EXTENSIONS AND IMPROVEMENTS OF 
XTRAN3S 

C. J. Borland 
Boeing Military Airplane Co. 

Seatt 1 e, Washington 
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S U W R Y  

This paper will summarize recent work that has been performed under 
a NASA Langley Contract NAS1-17864, "Additional Development of the XTRAN3S 
Computer Program." Work on this code, for steady and unsteady aerodynamic 
and aeroelastic analysis in the transonic flow regime, has concentrated in 
four areas: 

1) Maintenance of the XTRAN3S code, including correction of errors, 

2) 

3) 

4) 

enhancement o f  operational capability, and installation on the 
Cray X-MP system at Wright-Patterson Air Force Base; 
Extension of the vectorization concepts in XTRAN3S to include 
additional areas o f  the code for improved execution speed; 
Modification of the XTRAN3S algorithm for improved numerical 
stability for swept, tapered wing cases and improved computa- 
ti onal efficiency; 
Extension of the wing-only version of XTRAN3S to include pylon 
and nacel le or external store capabi 1 ity. 

0 MISCELLANEOUS PROGRAM CORRECTIONS & ENHANCEMENTS 

0 IMPROVED VECTORIZATION OF XTRAN3S 

0 ALGORITHM IMPROVEMENT 

0 DEVELOPMENT OF WING/PYLON/STORE CAPABILITY 

16 



MISCELLANEOUS PROGRAM CORRECTIONS 

Th is  f i g u r e  l i s t s  the var ious UPDATE co r rec t i on  sets  fo r  co r rec t i on  o f  e r ro rs  
i n  the  XTRAN3S code. These co r rec t i on  sets  are t o  be app l ied  t o  BCS 
Version 1.6 (equiva lent  t o  Langley Version 1.5) o f  the XTRAN3S code. 

UPDATE NAME 

EXTLOFT 

VISCORR 

FIXPROMAT 

MlSCFlX 

ENCODE 

VECTCOR R 

PARMGEO 

FUNCTION 

CORRECTS LOFTING PROCEDURE FOR EXTRAPOLATION 
OF AIRFOIL DATA 

CORRECTS ERROR IN WEDGE PARAMETER DEFINITION 

CORRECTS DATA INPUT ERROR FOR INERTIA MATRIX 

CORRECTS G EOM ETRY DE FIN ITION ERROR, MODI FI  ES 
CPRESS AND CFOMO TO ACCOUNT FOR MODIFIED GRID, 
AND VARIABLE DIMENSION ERROR IN ZWEEP 

CORRECTS LABELING ERROR IN TIME HISTORY OUTPUT 

COR R ECTS I N IT I A L I ZATlON E R ROR IN VECTOR I ZAT ION 

PROVIDES VARIABLE DIMENSION FOR NUMBER OF 
POINTS ON AIRFOIL 
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MISCELLANEOUS PROGRAM ENHANCEMENTS 

This and the following figure list the UPDATE correction sets for 
improvement of XTRAN3S operational features. 
sets, plus the previous list of error correction modifications, constitute 
upgrade of the XTRAN3S code from Version 1.6 to Version 1.10. 

This group o f  correction 

TF NAME 

BCS17 

CONTROL 

INVERR 

TASKCORR 

INTEQM 

FUNCTION 

ALLOWS ALTERNATE INPUT FILE FOR 
AEROELASTIC DATA AND ADDS 
SELECTIVE DEGREE-OF-FREEDOM MATRIX 

ADDS 2 SOLUTION TASKS: 
(A) STATIC RIGID ANALYSIS WITH 

CONTROL SURFACE DEFLECTION 
(B) STATIC AEROELASTIC ANALYSIS WITH 

CONTROL SURFACE DEFLECTION 

ADDS OUTPUT OF AEROELASTIC DATA 

UPDATES DOCUMENTATION AND LOGIC FOR 
CONTROL UPDATE 

ADD OPTION FOR INTEGRATION OF EQUATIONS 
OF MOTION FOR ZERO AIR FORCES 
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I MISCELLANEOUS PROGRAM ENHANCEMENTS (continued) 

JJPDATF NAME 

NEWBL 

SHOC K F I X 

VERS110 

WRTWRNS 

WPAFB1 

WPAFBZ 

FUNCTION 
REMOVES EFFECT OF SHOCK SWEEP ON 
BOUNDARY LATER CALCULATION 

PROVIDES PROPER SHOCK PLACEMENT 
FOR NEWBL 

UPDATES PROGRAM BANNERS TO VERSION 1.10 

ADDS ADDITIONAL ERROR DIAGNOSTICS 

UPDATES FOR INSTALLATION AT WPAFB. 



IMPROVED VECTORIZATION OF XTRAN3S 

20 

The original version of XTRAN3S was developed using the CDC 7600 computer. 
During the code development period, advanced vector machines, such as the 
VPS-32 and CRAY-IS and later the CRAY X-MP became available. The code was 
adapted to operate on these machines, but only minimal changes to the code 
were performed to take advantage of "implicit" vectorization, i.e., those 
portions of the code that could easily be adapted 
through the existing nature of the computational algorithm. 

to vector computation 

Later studies with a pilot code version of XTRAN3S, operational on the 
CRAY-lS, showed that at least a factor of two improvements in computational 
efficiency could be achieved by rearrangement of operations to permit a 
larger degree of imp1 icit (or automatic) vectorization. (This represents a 
speed-up factor of almost five compared to an unvectorized or scalar code 
operating on the same machink.) These concepts are generally applicable, 
but not directly transportable, to the VPS-32 version of the code, since 
VPS-32 requires longer vectors than the CRAY-1S to achieve improved 
efficiency when compared with scalar computations. 
vectorization scheme has now been implemented on the CRAY X-MP in Version 
1.10 o f  XTRAN3S. 

The improved 

In this section of the presentation the original algorithm will be 
described with respect to its implications for vectorization. 
modifications necessary to achieve a higher degree of vectorization on the 
CRAY X-MP will be discussed. 

Then the 

PHYSICAL SPACE COMPUTATIONAL SPACE 



ORIGINAL PAGE IS 
OF POOR QUALITY 

ORIGINAL ALGORITHM STORAGE SCHEME (Version 1.5) 

In the original version of XTRAN3S, the equations for the X-sweep are 
solved sequentially for each Y mesh point, with a constant Z mesh point 
location. 
20 equations o f  length 60 are solved for each X-Y plane. Then, for the 
- same X-Y plane, the Y-sweep equations (60 equations of length 20) are 
solved sequentially in the downstream (increasing X) direction due to the 
presence of the backward spatial or "upwind" difference approximation to 
t$xt. This process is then repeated for the next X-Y plane in the 
increasing Z direction,. The Z-sweep is performed by accessing the data, 
formulating the equations, and solving for each X-Z plane sequentially in 
the increasing downstream direction, with the process then repeated for the 
next plane in he increasing 11 direction. Since solutions o f  the Z-sweep 

equations i, but not on the solutions to the X-sweep equations, 5 need not 
be stored in a three-dimensional array. 

Thus for the default values of N X  = 60, Ny = 20, NZ = 40, 

equations, +n+ i , are dependent on t$n, $n-1 and the solution of the Y-sweep 

X-WEEP 

L 

Y.WEEP 

I /'j 
". - * - *  

SOLVE 10 E O U A T I O N S  OF L E N G T H  60 
REPEAT 40X 
IEOUATIONS A R E  INDEPENDENT)  

k 

1 

5' t"] - * * 
SOLVE 60 EQUATIONS OF L E N G T H  20 
REPEAT *OX 
IEOUATIONS ARE DEPENDENT-MUST BE 
S O L V E D  S E O U E N T I A L L Y  IN i OIRECTIDNI 

k 

A 

Z.SWEV 

SOLVE 60 E O U A T I D N S  OF L E N G T H  40  
REPEAT mx 
I<OUATlONS ARE DEPENDENT-UUST BE 
S O L V E 0  S E O U E N T I A L L Y  IN I DlRECTlONl  

*>D STORAGE REOUIRED. 3 LEVELS - 1U.MO 



UOOIFIEO ALGORITHM STORAGE SCHEME (Version 1.10) 

For the CRAY X-MP, the scheme illustrated in this figure has been adopted. 
For the X-sweep, data is accessed for each Y-Z plane (rather than each X-Y 
plane), and vectorized solution is performed in the Z direction, i.e., each 
step in the solution is a vector operation of length 40. 
repeated for the next Y-Z  plane, and the intermediate result is stored in 
a three-dimensional array. For the Y sweeps, the data is accessed in the 
Y-Z planes, and a vectorized solution of length 40 is again performed in 
the Z direction, with the results stored in a three-dimensional array. 
Finally, the Z-sweeps are performed as a vectorized solution of ength 20 
in the Y direction, and the advanced values of the potential are 
stored in place o f  the values on at the previous time step. It hogld be- 

are required for this scheme, compared with three for the original scheme. 
In addition, however, nine additional three-dimensional arrays for vector 
equation coefficients and right-hand sides have been stored to improve 
efficiency and decrease the amount of re-calculation required. 
default mesh, the amount 'of storage for three-dimensional arrays has 
increased from 144,000 to.624,000. The total storage requirement has thus 
increased from about one-half million words to over one million words. 
Because o f  the larger amounts o f  storage available on both the CRAY X-MP 
and VPS-32, compared to the CDC 7600, this has caused no difficulty. 

This is then 

noted that four three-dimensional "levels" of storage, $n, en- s , $ and 

For the 

SOLVE 1 VECTOR EOUATION 
NECTOR LENGTH 401 
REPEAT 20X 

SOLVE 1 VECTOR EOUATION 
IVECTOR LENGTH 401 
REPEAT WX 

SOLVE i VECTOR EWATION 
IVECTOR LENGTH 10) 
REPEAT BOX 

STORAGE REOUIRED-4 LEVELS + OCOEFFlClENTS - W 4 . m  ORIGINAL PAGE IS 
OF POOR QUALITY 
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VECTORIZATION OF NASA WING-BODY MODIFICATION 

This figure shows the improvements that can be achieved by careful attention 
to the use of vectorization concepts. 
modification update was installed in both the standard Version 1.5 and 
improved Version 1.10. Due to the use of conditional branching within 
computation loops (DO-loops), vectorization was inhibited. Version 1.5 
took more than twice as long to run a wing-body case as a wing-alone case 
with the same dimensions, and Version 1.10 took more than three times as 
long. (The unmodified Version 1.10 runs more than twice as fast as Version 
1.5). When the conditional .branches were mnstrained to the outside o f  
computation loops, permitting vectorization to occur, considerable speed-up 
was achieved. A wing-body case can now be run using Version 1.10 with only 
an increase o f  4% over the cost of a wing-alone case. These constraints 
are applied in all the modification o f  XTRAN3S described below. 

The NASA-Langley developed wing-body 

V E R S I  ON/CASE 

1.5 

1.5 + W-B 

1.10 

1 . lo  + W-B 

1.10 + W-B 

( VECTORIZED 1 

(NORMALIZED CP SEC/ITERATION) 

WING ONLY 

1 .o 
1.05 

.43 

1.69 

.43 

WING-BODY 

- 
2.18 

1.744 

.45 
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XTRAN3S ALGORITHM IMPROVEMENT 

The XTRAN3S code solves the modified transonic small disturbance equation 
shown in this figure. After transforming the wing planform in Cartesian 
Coordinates (X, Y, Z) to a rectangular region in computation coordinates 
( E ,  0, c ) ,  the equation appears as shown below. 

The underlined terms originate with the spanwise (Y-dependent) or cross 
(X-Y dependent) terms of the original equation, G4y2 and UIY+H~~@ . The 

derivatives. In the XTRAN3S algorithm, the original spanwise term was 
split into streamwise and transformed normal components. These terms were 
then treated separately with the streamwise component treated imp1 icitly, 
and the normal component treated explicitly. 

non-underlined terms depend only on original streamwise or norma 7 

MODIFIED TRANSONIC SMALL DISTURBANCE EQ. 

TRANSFORMING TO 
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The equation can be rewritten as sbown'by recollecting terms by 
coefficients of like-terms. 
streamwise terms o f  the governing equations, and i, 6, etc., contain 
coefficients based on the spanwise terms of the equation. 
previously noted that a time-accurate, fully conservative, imp1 icit 
treatment can only be performed on the terms 

Here a and b are the original (x-direction) 

It has been 

The remaining terms can be differenced in a fully conservative explicit 
fashion, or in a partially conservative implicit fashion. 

remaining terms are treated explicitly. In the present study, several 
different combinations of implicit and explicit difference treatments have 
been investigated. By examining the coefficients it can be seen that 
certain terms which were treated explicitly in the original XTRAN3S 
algorithm can be treated implicitly without loss of accuracy (i.e., without 
losing the conservation form of the equation). 
Batina' that ogly thg  original streamwise terms, represented by the 
coefficients a and b should be included in the type-dependent difference 
scheme or in the definition of the shock point operator. This treatment of 
these terms corresponds directly to the original 2-dimensional method o f  
Ballhaus and Goorjian known as LTRANE. 

In the oriqinal 
XTRAN3S algorithm, only the cross-term -& (G+,., 2 ) is so treated; the 

It has also been noted by 

RECOLLECTING TERMS: 
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ORIGINAL AD1 ALGORITHM 

The transformed streamwise sweep for the original (Version 1.5) XTRAN3S 
algorithm is shown in this figure. 

Here Dg i s  a type-dependent mixed difference operator based on the sign of 
(in + 2 G@fl), 6 5  is a central difference operator, DTI i s  a mixed difference 
operator based upon the sign of ZGs(s,$n). 

I 

6 - SWEEP: 
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MODIFIED AD1 ALGORITHM 

The transformed streamwise sweep for the modified (Version 1.10) XTRAN3S 
algorithm is shown in this figure. Here i t  can be seen that all but one of 
the expl icitly-treated streamwise derivative terms (sgXn) in the original 
algorithm can be treated implicitly. The remaining cross-derivative terms 
sg($,,) or so($<) must still be treated explicitly. 

E - SWEEP: 

WHERE 
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The transformed spanwise and vertical sweeps are unmodified in the new 
algorithm since these solutions are fully implicit. 

- SWEEP: N 

(THESE SWEEPS UNMODIFIED) 
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A-6E TEST PROBLEM 

The modified AD1 'algorithm has been tested on the wing planform for the 
A-6E attack aircraft with a moderate sweep and taper. The computation time 
step could be increased by a factor of ten with numerical stability 
maintained. 
an increase of more than fifteen has been reported. 

For a more severely swept and tapered planform (the F-5 wing) 
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A-6E Planform in XTRAN3S Calculations 
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This figure shows the resulting steady pressure distributions for the original 
and modified AD1 algorithms. 
grid point upstream. 

I n  the modified algorithm the shock has moved one 
Otherwise results are essentially identical. 

A* WINO M - 0.8876 a - 0.0 r l -  136 

ORIGINAL 
ALG. 

(B.L. 8 RE - 8.3 x 1 0 7 1 ~ ~ 1  CCN 
.0709 u= 

At RC. 

.oi 

.i 

Comparison of Pmssum Distribution Calculated by the 
Original and Revised XTRAN3S Algorithms 
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WING-PYLON STORE TRANSONIC ANALYSIS 

This section o f  the presentation will describe the development and current 
status o f  a pylon/external store or nacelle capability in XTRAN3S. 

Wing - Pylon *- Store 

Transonic Analysis 

With XTRAN3S 
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A-6 WING WITH STORES 

Flutter characteristics of military aircraft may be severely affected by 
the presence of external stores. These stores may affect the flow field 
characteristics as we1 1 as the structural dynamic characteristics of the 
aircraft. Flutter speeds with carriage of external stores are usually 
lower than for the clean wing and may require severe operational 
restrictions. This figure shows a schematic of the wing of the Navy A-6E 
attack aircraft. 
designed graphite-epoxy A-6 Replacement Wing, Boeing performed wind tunnel 
tests on both rigid and aeroelastic transonic models. 
shown here with 2 -400 gallon extern.al fuel tanks mounted on pylons under 
the wings at two inboard stations (the third station is used to mount a 
small air-air missile such as the AIM-9L Sidewinder). 
moderately swept and tapered. Simulations conducted to date with XTRAN3S 
did not include the inboard strake, fuselage, or nacelle. 

As a part of the flutter clearance program for the newly- 

The A-6 wing is 

The wing is 
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As seen in this figure, aerodynamic interference due to the presence of the 
stores has a significant effect on the sectional lift distribution of the 
wing. 
prediction of the static lift curve slopes by XTRAN3S for the clean wing. 
Flutter results using the clean wing XTRAN3S aerodynamics and the clean 
wing test data as correction factors in an interfering modified strip 
theory analysis are essentially the same. 

(Symbols represent data from a static rigid test). Also shown is a 
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F L U l l E R  TEST COMPARISON - ONE STORE 

2& - 

..... ,220- 

In this figure, analysis of the A-6 wind tunnel flutter model tested in 
N A S A ' s  Transonic Dynamics Tunnel for both the "clean wing" and "stores on" 
aerodynamics correction factors (section lift curve slopes and aerodynamic 
centers) are compared with measured flutter dynamic pressures. The 
analysis for both sets of corrections shows the typical "transonic bucket" 
as a function of Mach number. The model test with an actual stores 
representing a single 300 gallon external fuel tank showed essentially no 
effect of Mach number - a completely unexpected result! An effort to 
explain this phenomenon, a "pencil store", or simulator with identical mass 
and inertia properties but minimum aerodynamic interference was also 
tested. 
flutter speed up to a critical Mach number. A "no-flutter" run (not shown) 
at higher speeds demonstrated the classical transonic bucket behavior. 
Thus the importance of wing-store aerodynamic interference and potential 
aerodynamics of the store itself were demonstrated. 

Here the results showed the expected Mach effect of decreasing 
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FLUTTER ANALYSIS, 
300 GALLON TANK ON PYLON 5 
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FLUlTER TEST COMPARISON - TWO STORES 

- 
2 6  - 

.. 220- 

This figure shows a similar comparison of analysis and test results for two 
300 gallon tanks and pencil stores. Although the measured flutter boundary 
shows a much higher Mach number for the same dynamic pressure at flutter 
(or vise versa), the bucket behavior for the pencil stores is again 
confirmed. 
flutter. One principal difference between the actual stores and the 
simulators was the rapidity of the onset of flutter. With the actual 
stores, flutter was approached quite slowly with fairly long times to 
double amplitude (5-10 seconds) allowing good confirmation of actual 
flutter behavior without risk to the model. 
shown with the simulators (at a q of 155 psf) violent flutter was 
encountered (.l sec to double amplitude) and the model was destroyed. 

The actua.1 stores show no appreciable effect of Mach number on 

On the second flutter point 
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I N I T I A L  XTRAN3S STORE-PYLON SIMULATION 

This figure shows a portion of the grid (Y-Z plane) used in the internal 
XTRAN3S simulation of the A-6 wing-pylon-store geometry. The pylons are 
located in planes midway between spanwise grid lines. The stores are 
simulated as a single line, with stores boundary conditions being satisfied 
at the four neighboring grid points. Shown in this figure are the maximum 
diameters of the 400 and 300 gallon tanks in relation to the wing and an 
approximate side of body location. 
store configuration shown plus a Sidewinder at the outboard station (which 
has not been modeled). 

The rigid model was tested with the 

36 
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A-6 CLEAN WING 

This figure and the next show the measured pressures on the wing upper and 
lower surface at a location just outboard of the inboard pylon station. 
Shown are the clean wing and pylons only cases. Also shown are the 
pressures predicted by XTRAN3S including surface boundary layers. Other 
than difference at the leading. edge and slight pressure differences on the 
lower surface, the comparison is good. 

A-6 CLEAN WING 

M z  .87 o( = .o p. 33 

c, ' .07f . I 2 0  
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A-6 PYLON + STORES 

This figure shows the comparison of measured and predicted pressures for the 
pylon-stores case. 
"slender-body" modeling o f  the store, the comparison is neither 
qualitatively nor quantitatively good. 
complete modeling of the store is required. 

Although there is additional interference due to this 

Thus i s  was seen that a more 

-. 4 
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INTERFERENCE SHELL GEOMETRY 

This f i g u r e  shows the e f f e c t i v e  geometry o f  an " in te r fe rence s h e l l "  or 
surface on which the boundary cond i t ions  are s a t i s f i e d ,  surrounding the  
store.  I n  the  manner o f  Ba t ina ' s  Wing-Fuselage modi f icat ion,  slender-body 
cor rec t ions  are used t o  modify the l o c a l  surface boundary cond i t i on  app l ied  
on the she l l .  

ORlGlNAL PAGE: 15 
POOR QUALITY 



XTRAN3S STORE-PY LON SIMUIATION 

This  f i gu re  shows the g r i d  geometry f o r  the s tore-py lon s imu la t ion  w i t h  
i n te r fe rence  she1 1s. 
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A-6 PYLONS + STORES (INTERFERENCE SHELL) 

I n  t h i s  f i g u r e  the XTRAN3S p r e d i c t i o n  wi th the in ter ference s h e l l  i s  
compared w i t h  measured data. 
located c lose r  t o  the  t r a i l i n g  edge o f  the wing, than the data ind icated.  
(The boundary l aye r  c a l c u l a t i o n  f o r  t h i s  case was unstable; thus the 
r e s u l t  shown i s  an i n v i s c i d  ca lcu la t ion . )  

( A t  t he  symposium, the  p o s s i b i l i t y  o f  f l o w  f i e l d  separat ion causing the  
behavior shown was suggested by Joe Giesing of McDonnell-Douglas. 
been simulated and the  r e s u l t s  are shown i n  the  next  f igure. )  

The analys is  p r e d i c t s  a much st ronger  shock, 

This  has 

I TEST XTRAN3S 
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A-6 PYLON + STORES WITH AFT SEPARATION 

Flow separation on the aft portion of the stores was simulated by use o f  a 
constant store radius and zero slope for the portion o f  the store aft of 
the maximum radius. 'This geometry modification has considerably improved 
the correlation with measured data, as shown in this figure. 
calculation is shown with the boundary layer present. 
shown at the symposium.) 

This 
(This figure was not 
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SUmARY 

In summary, modifications to the XTRAN3S code, implemented in Version 1.10, 
have provided a speed-up of twenty to thirty times over the previous 
released Version 1.5. 

The pylon-store modification, under development, has shown that the 
presence of pylons and stores can be simulated although attention to 
geometric and flow field details is required. 

0 IMPROVED V E C f O R I Z A T I O N  and ALGORITHM 
M O D I F I C A T I O N S  PROVIDE 20-30X SPEED-UP 
I N  XTRAN3S VERSION 1.10 

0 PYLON-STORE M O D I F I C A T I O N  DEVELOPED 

0 SIMPLE SLENDER BODY I N S U F F I C I E N T  

o INTERFERENCE SHELL OVERPREDICTS STORE 
INTERFERENCE ON WING 



FUTURE EFFORTS 

Future developments o f  the  XTRAN3S code, t o  be i n i t i a t e d  s h o r t l y  under 
AFWAL sponsorship, are shown I n  t h i s  f igure. Some comparisons w i th  
NASA-Langley's CAP-TSD code w i l l  be made a t  a l a t e r  date. 

O CONTINUE DEVELOPMENT ON PYLON-STORE 
#OD I F I  CAT1 ON 

O INCORPORATE WING-BODY AND PYLON-STORE 
MODIFICATIONS I N  SINGLE VERSION 

0 ADD SUPERSONIC AND FOURIER ANALYSIS CAPABILITIES 

0 CONTINUE EVALUATIONS WITH TRANSPORT AND ATTACK 
AIRCRAFT AEROELASTIC MODELS 
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Role of Coiiiput.at4ioiial Fliiid Dyiiaiiiics in 
Uiist,eady Aerodviiaiiiics for Aeroe1ast.icit.y 

Gwi i  P. Guruswaiiiy 
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Iiit. ro d uc t io ii 

Iii tlie last two decades, there liave beeii extensive developiiieiits iri coiii- 
putat ioiial unsteady traiisoiiic aerodyiiaiiiics ( ref. I ). Such developiiieiits are 
esseiitial siiice the transonic regime plays an iiiiportaiit role in the design of 
iiioderii aircraft. Coiiseyueiitly, there lias beeii a large effort to develop coiii- 
putatioiial tools with wliicli to accurately perforiii flutter analysis at traiisoiiic 
speeds. In tlie area of Coiiiputatioiial Fluid Dyiiaiiiics(CFD , uiisteady traii- 

of shock waves over aerodyiiaiiiic bodies, such as wiiigs. This iiiodeliiig re- 
quires tlie solutioii of iioiiliiiear partial differeiitial equations. At tlie present 
time, tlie iiiost advanced codes such as XTRAN3S. the Air Force/NASA code 
for traiisoiiic aeroelastic aiialysis of aircraft, use tlie traiisoiiic siiiall perturba- 
tioii (TSP) equatioii(ref. 2).  Ciirreiitly XTRAN3S is beiii used for geiieric 

coiifiguratioiis(ref. 3). Use of Euler/Navier Stokes equations for simple typical 
sect ioiis lias just begun. In coiiipai-isoii, for steady flows, Euler/Navier Stokes 
equatioiis are beiiig used for wing-bodies aiid coiiiplex separated flows( ref. 4). 
A brief history of tlie developiiieiit of CFD for aeroelastic applicatioiis has 
beeii suiiiniarized iii figure 1. The present paper suiiiiiiarizes the develop- 
iiieiit of uiisteady traiisoiiic aerodyiiaiiiics aiid aeroelasticity at NASA-Aiiies 
in coordiiiatioii wit 11 Air Force, other NASA centers a id  industries siiice 1978. 

soiiic aerodynamics are cJiaracterized. by the feature of iiio d eliiig the niotioii 

research iii unsteady aerodyiiaiiiics and aeroelasticity of a f iiiost full aircrnft 

HISTORY OF CFD APPLICATIONS TO AEROELASTICITY 
(based on unsteady time accurate methods) y I.,? .... 
1 
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Need for Tiiiie Accuracy for Aeroelastk Chlciilatioiis 

Tr a 11 so ii i c aero e las t, i c i t, y is a 11 ig 11 1 y co 11 pled p li e 110 iiie ii o ii be t,we e 11 s t4 r uc- 
tures aiid fluids due to flow iioiiliiiearities. Tlie preseiice of moving shock 
\\fives i i i  t IIP t rniisoi i ic  f l o w s  r l l l ~ t i l e l ~  iiit.eiisifies t i i is  coripliiig aiid leads tose\.eral 
noli-classical aeroelastic phenomenon such ns a dip in t lie fl rit,t.er boundary 
curve. In order to make accurate computations in  traiisoiiic aeroelasticity, it. 
is iiiiportmit t,o use h i e  accurate iiietliods. The first efficient. tiiiie accurate 
iiietliod of solviiig unsteady t,raiisoiiic flows was developed for airfoils rising t,lie 
TSP eqiiat,ioiis aiid was iiiipleiiieiit,ed in the code LTRAN2 (ref. 5 ) .  Based on 
LTRAN2 several iiiiproved codes have been developed aiid' are in roubiiie use 
for t,raiisoiiic aeroelastic coiiiputat.ions of typical sect,ioiis. A time accurate way 
of siiiiultaiieously iiitegrat.iiig unst.eady txaiisoiiic aerodynamics aiid structural 
eciuat.ioiis of a typical section was first. preseiit>ed in  reference 6. Froiii f i p r e  
2, t8akeii from reference 6, i t  caii be seeii that) time linearized coiiiputat8ioiis 
based 011 the iiidicial iiidliod aiid liariiioiiic iiietliod fail to  predict t,he iieu- 
tral st.abilit,y coiidit,ioii. On tlie ot,lier hand t.lie coniputat.ions based on t,he 
t.iiiie accurate iiiet,liod succeed. Though t,lie tiiiie linearized techniques are 
so iiie t i iiie s c o iiip ut. a t  i o iiall y iiio re em c ie ii t t 11 a ii t lie ti iiie accurate t ec li 11 i g u e s 
one should wat,cli for t.lie noli-physical solutioiis from t h e  liiiearized iiiet.li- 
ods (iiidiciai, UTRANS2-Iiariiioiiic method) as sliowii in figure 2. In  this paper 
several resultas froiii t.iiiie accurat,e t,raiisoiiic aeroelastic calculat.ioiis will be 
pres e lit e d . 

IMPORTANCE OF TIME ACCURACY IN AEROELASTICITY 
0 RESULTS A R E  FROM T I M E  ACCURATE AOI  A L G O R I T H M  

TWOMGREE-OF-FREEWU TYPICAL SECTION 

+b-b- 

F R E W E N C V  DOMAIN FLUTTER SOLUTION 

- LTRANZ (TIME INTEORATIONI ---- LTRANZ I INDICIAL) Y ~ O C H O ~ O  

-.- UTRANSZ 

I 
1 u- $ 1  I Zk? 

= 0 50 100 150 200 250 3 M  t g v  
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FIGURE 2 
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I Tiiiie Accurate Uiisteady Calculat,ioiis of Rect.aiigular Whigs 

50 

Tlie successful developiiieiit. of tlie two-diiiieiisioiial code LTRAN2, which 
e i i i  ploys an a1 t. er iiat, iiig- d i r ec t. io 11- i iiiplic i t. ( A DI ) , A nit e- d iffere lice sclie iiie , and 
t,lie availabilit,y of fast.ei- coiiiput.ei-s wit.11 iiiore iiieiiiory, made possible tlie de- 
ve lop iiie nt. a lid use of t li re e; d i iiie 11 s io ii al u ii steady t. ra ii so ii i c aero d y ii a iiii c cod e s. 
LTRAN3, the earlier low-frequency version of XTRANSS was developed for 
tiiiie accurate calculat.ions (ref. 7 ) .  The time accuracy of tliis code was vali- 
dated against uiist.eady experiiiieiit a1 d a h  in reference 8. Figure 3 shows hlie 
niagiiitude aiid the phase aiigle o f  the uiisteady pressures for a rect.augular 
wing oscillathg in its first beiidiiig mode. Tiiiie accurate coiiipritatioiis have 
accui-at.ely captured the. effect,s of uiisteady iiiot,ioii of tlie shock wave. Tlie 
rise iii t,lie phase aiigle behind t,lie shock wave. wliicli is oiie of the  salient, 
features of t.lie unsteady traiisoiiic flow, lias beeii predicted accurately by the  
alteriiatiiig direct.ioii iiiiplicit sclieiiie usiiig tlie Muriiiaii-Cole switch iiicorpo- 
rat,ed in LTRAN3. This code was successfully applied to  compute t,lie flutter 
boundaries of rect~aiigular wiiigs by risiiigcoilpled (ref. i )  and riiicoupled (ref. 8)  
iiiet,liods. Figure 3, shows tlie good comparison o f  uiist,eady pressures aiid flut,- 
t.er boundary coiiipubed froin LTRANS with the experiiiieiit. and NASTRAN, 
res p ect, ivel y. 

TIME ACCURATE UNSTEADY RESULTS FOR RECTANGULAR WING 

0 RESULTS ARE FROM TIME ACCURATE AD1 ALGORITHM 

c4 THICK CI ICULAI  ARC WING 
W E C T  RATIO - 6.0 

TRANSONIC UNSTEADY PRESSURE COMPARISONS. 
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Traiisoiiic Aeroelasticity of a Transport Wing 

The successful aerodyiiaiiiic and aeroelastic coiiiputatioiis for rectaiigu- 
lar wings lead to further applicatioiis for iiiore practical configurations. -4t 
the same tiiiie, the capability of LTRAN3 was extended to account for inte- 
gration with structures and also liigli frequency terms. The successful time 
iiitegratioii method developed in reference 3 was iiiipleiiieiited iii XTRAN3S. 
Usiiig this code, aeroelastic coiiiputatioiis were made for a Japanese trans- 
port  wing aiid results were compared with tlie experillielit (ref. 9). Figure 4 
shows steady pressures and also tlie flutter bouiidary curve obtaiiied by us- 
iiig XTRANSS. During this study several errors iii XTRAN3S, such as one in 
the far span boundary conditions, were corrected. This study also iiidicated 
tlie time step size restrictioii of XTRAN3S based 011 sweep angle. Because of 
tlie time step size restriction it, was not practical t,o use XTRAN3S for coiii- 
puting flows over low aspect ratio fighter wings. Though several liiiiitatioiis 
were found in XTRANSS, this study on a practical wing configuration with 
favorable coinparisoil with the experiment. showed tlie poteiitial of the code for 
further developiiieiit. 

TYPICAL TRANSPORT WING 

STEADY PRESSURE DISTRIBUTION FLUTTER SPEED COMPARISON 
XTRAN3S 

JAPAN NAL TR 361 WING 
NACA =A012 SECTION 
AR * 8, TR - 0.4.h = 20' 
M,-0.86 a - b  

I N 0  FLUTTER)  
I .  
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Uiisteady Traiisoiiics of Figliter Wiiigs 

Research was further coiiducted to  study tlie time step size restrictioii of 
XTRAN3S. Detailed studies showed tliat coiiveiitioiial slieariiig traiisforiiia- 
tioii used in XTRAN3S yielded coiiiputatioiis that  were iiuiiierically unstable. 
The  physical grid was depeiideiit upon the plaiiforiii aiid was liighly skewed 
for low aspect ratio figliter wings. To correct this, a iiew iiiodified coordinate 
traiisforiiiatioii technique was developed in reference 10. This iiiodifled trans- 
foriiiatioii reiiioved tlie skewness in tlie physical grid aiid led to computations 
tha t  are stable, fast and accurate. It was first iiiipleiiieiited in XTRAN3S- 
Aiiies(ATRAN3S), a parallel NASA Aiiies versioii of XTRAN3S. Usiiig the  
iiio d i fi e d t ra 11s for ilia t io 11, fo r t lie first t i  me, s 11c c e ss fril u ii steady c o iiip u t at i o ii s 
were made for tlie F-5 fighter wiiig in tlie traiisoiiic regime. Figure 5 shows 
tlie uiisteady iiiodal iiiotioii and tlie coi-i-espoiidiiig uiisteady pressures of tlie 
F-5 wiiig at a traiisoiiic Mach iiuiiiber of 0.9. Theory coiiipares very well with 
the experiiiieiit. Tlie success of tlie iiiodified slieariiig ti-aiisforiiiatioii was first 
reported by tlie present authors iii '1983 Syiiiposiuiii on Transonic Uiisteady 
Aerodyiiaiiiics aiid Aeroelasticit). and it  was iiiipleiiieiited in other versioiis of 
XTRANSS. 

TYPICAL FIGHTER WING 

UNSTEADY MODAL MOTION 

PITCHING ABOUT 50% ROOT CHORD 
F-5 WING, FREQUENCY = 4 0  HZ 

F5 WING 
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Traiisoiiic A eroelast,icity of Variable Sweep B-1 Wiiig 

The variable sweep 13-1 wiiig has been observed to  uiidei-go aiigle of at,t,ack 
depeiideiit aeroelast,ic oscillatioiis iii both flight mid wiiid t,iliiiiel test,s. These 
oscillatioiis were iiiore sigiiiflcaiit, at. high sweep angles. Motivat.ed by t.liese 
observations, t,lie flow over the B-1 wing was studied coiiiputationally, including 
the aeroelastic 1-espoiise of tlie wiiig. In t,lie low sweep case, t,lie coiiiparisoiis 
deiiioiist,rated tlie capability of XTRANSS-Aiiies t,o properly siiiiulat,e t,lie flow 
iii t,he presence of sliock waves. Iii tlie high sweep case, where t,lie sweep aiigle 
is equal t o  67.5" tjlie coiiiparisoiis a t  a low aiigle of atstack deiiioiist.i-at.ed t,lie 
capabilit,y o f t  lie modified slieariiig t,raiisforiiiat,ioii to  properly siiiiulate the flow 
at aii extreiiie sweep aiigle. C.!oiiiput,at,ioiis at tlie liigli sweep case for a higher 
aiigle of attack at, wliicli .oscillat,ioiis were observed did not, show aiiy sliock 
waves. Their abseiice leifds support to  a iiew liypotliesis tliat t.Iie observed 
oscillatioiis at tlie high sweep aiigle are separation induced oscillatioiis( SIO) 
due to  t,lie presence of leading edge separat,ioii vort,icies aiid iiot, due t.0 sliock 
induced oscillatioiis as previously proposed before t,liis st,udy. Figure G shows 
t81ie aeroelastic respoiises at 25" mid 07.5'' sweep angles. Low daiiipiiig at, liigli 
sweep as predicted by XTRAN3S-Aiiies iiiiglit have made t,he wiiig suscept,ible 
t o  the observed oscillat,ioiis. Det,ails are given in reference 11. This research 
deiiioiistrated an iiiipoi-taiit applicat.ioii of tiiiie nccurat,e CFD t o  a crucial 
p r ac t i c a1 p 1- oh 1 e iii . 

VARIABLE SWEEP AIRCRAFT 

FIGCTRE G 
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Transonic Aeroelasticity Wings with Tip Stores 

The  presence of tip stores influences both aerodynamic and aeroelastic per- 
formances of wings. Such effects are more pronounced in the transonic regime. 
One of the major advantages of TSP equations is the simplicity of adding new 
geometry capability to the flnite difference grid. As a result, transonic aeroe- 
lasticity of wings with tip stores was studied by a theoretical method using 
the T S P  equations ,coupled with modal structural equations of motion. This 
new capability was added to  XTRAN3S-Ames. Unsteady aerodynamics on 
the oscillating F-5 wing with a tip missile compared well with the experiment. 
Aeroelastic computations on a typical rectangular wing indicated that  t ip store 
unsteady aerodynamics can make the wing aeroelastically less stable. Aeroe- 
lastic computations were also made for a typical fighter wing with a tip store. 
Computations showed that  it is important to account for the aerodynamics 
of the tip store particularly in the transonic regime where the tip store can 
make the wing aeroelastically less stable. Details of this work are presented 
in reference 12. Figure 7 shows the effect of a tip missile on the  aeroelastic 
response of a flghter wing. The unsteady aerodynamic forces of the  t ip missile 
decreases the aeroelaetic damping of the wing response. 

EFFECT OF TIP MISSILE ON FIGHTER WlNQ RESPONSE 
10% TIP MASS 

M = 0.90, ALTITUDE = 30,000 ft 

WITH MISSILE ---- WITHOUT MISSILE 

A TYPICAL FIGHTER WING CONFIGURATION 
WITH TIP MISSILE 

1 FIRST MODE 

-1 
0 .6 1.2 1.8 2.4 3.0 

TIME. sec 
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A ii I lit. egr a t e d Appro acli fo 1- A e i-o e 1 as t, ic i t y of Act. i ve 1 y C.: o ii taro 1 led W i iigs 

Use of active controls is important. for future aircraft! which will t.eiid to  
be iiioi-e flexible for high iiiaiieuverability. So far, t,he tIieoret,ical aeroelast,ic 
studies with act.ive coiit.ro1 surfaces have been i-estrict,ed to  the linear subsoiiic 
and supersoiiic regiiiies. In  t lie iioii-linear traiisoiiic flows, the coiiibiiied effect. 
of tlie shock wave aiid the flow discoiitiiiuity due t,o the presence of the liiiige 
line of tlie coiitxol surface caii lime a strongly coupled influence on aeroelast<ic 
perforiiiaiices of wings. To study such a stxoiigly coupled plieiioiiieiioii, an 
iiitegrat.ed approacli was developed aiid has beeii iiiipleiiieiited in XTRAN3S- 
Aiiies. It, is rioted that  to study t,lie coupling of coiiiplex physical systeiiis like 
iioii-linear flows aiid wing struct,ures, it is iiiiportaiit to use well uiiderstood 
equat#ioiis aiid solution procedures sucli as those used in XTRAN3S. St.udies 
sliowed that, shock waves play ail iiiiportaiit8 role in active controls aiid tlie 
control laws which do iiot account for strong coupled pheiioiiieiia of fluids aiict 
structures uiay iiot be, effective in the t~raiisoiiic regiiiie. Details are presented 
in reference 13. Figure 8 sliows the effect of the active coiitrol surface on the 
twisting iiiodal response of a typical fight’er wing. Since tlie present st’udy 
is in the tiiiie doiiiaiii, it cnii be used as a “iiuiiierical flight siiiiultttror” to  
coiiipleiiieiit4 wiiicl ttiiiiiel niid flight, testma, 

EFFECT OF CONTROL SURFACE ON RESPONSES OF FIGHTER WING 
CONTROLLING THE TWISTING MODE 

M = 0.90, Q = 2.476 psi, GAIN = 40.0 

181 

TRAILING EDGE 
CONTROL SURFACE 

‘IC = 0.8 _ _ _ _ _ _ _ -  --- _____--  

TWISTING MODE 

h -.l 
0 

-.2 

-.3 

-.4 

-.5 

WING CONTROL SURFACE 
WITH - 

FIGI’RE 8 
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Uiisteady Traiisoiiics of Wiiigs at Sripersoiiic Freestreaiiis 

Flow reiiiaiiis iioiiliiiear aiid traiisoiiic in iint.ure for Mach iiuiiibers sliglit,ly 
above one. As  a result., rapid variat,ioiis in aerodyiiaiiiic forces caii st*ill occur 
due to  unsteady iiiotioiis of tlie wing. Therefore it is iiiiportaiit t80 study t,lie 
aeroelastic cliaracteristics at low supersonic freestreaiii coiiditioiis siiice criti- 
c a1 aero e 1 as t. ic p lie iio iiie iio 11 si iiii 1 ai. t. o t 11 at. for t, ra 11s o ii i c freest. re a i i i  c o ii dit. io iis 
caii still occur. Supersonic freest.reaiii capability was first iiiipleiiieiited in the 
traiisoiiic code ATRAN2 (ref. 14). t.lie ,,iiiiproved versioii of LTRAN2. 
required the use of different fai field boundary conditions t.liaii t,liose used 
for t,raiisoiiic freest,reaiii condit,ioiis. Due to  the lack of iiiaiipower and iieed, 
110 effort, was iiiade to iiiipleiiieiit, these iiiodificat,ioiis iiit,o early versions of 
XTRAN3S. Now there is a iieed for time acciirat,e aeroelastic coiiiput,ations 
at, supersonic freest,reaiiis for advanced figMer aircraft,. In this work t,lie capa- 
hilit,y of XTRAN3SAiiies lias beeii ext,eiided t.0 liaiidle siipersoiiic freestream 
coiidit,ioiis. Tlie far field boiiiidary conditions were iiiodified followiiig the ap- 
proach giveii in ref. 13 which is based 011 t,lie propagatmion of pressure waves 
aloiig the flow cl~aract~eristics. Successfiil steady aiid unsteady coiiiputmat8ioiis 
were iiiade for tlie rect,angular mid figlit*er wiiigs at. supersonic freestreaiii coii- 
dit,ioiis. Figure 9 sliows tlie good coiiiparisoii of uiist,eady pressures coiiiput,ed 
froiii XTRAN3S with the experiiiieiit,al data at, M = 1.3. This iiew capabi1it.y 
is heiiig iiicorporated in the offlcial XTRAN3S wit,li wing body capabilit,y. 

This ' 

UNSTEADY MODAL MOTION 
F-5 WING, FREQUENCY 240 Hz, 

PITCHING ABOUT 50% ROOT CHORD 

ORIGINAL PAGE IS 
OF POOR QUALITY 



Unsteady Traiisonics of Full-Span Wing-Body Coilfigurations 

In tlie developiiient of CFD it appears that  there is iiiore eiiipliasis oii us- 
ing new equations aiid iiietliods tliaii 011 adding tlie geoiiietry and flow physics 
capabilities. For exaiiiple, liriiited effort has beeii put into exteiidiiig tlie pow- 
erful TSP theory for uiisteady coiiiputatioiis of frill aircraft, though the steady 
wing-body coiiiputatioiis using TSP were doiie a decade ago. The presence of 
a body iiiflueiices both the aerodyiiaiiiic and aei-oelast.ic perforiiiaiice of wings. 
Such effects are iiiore pronouiiced in the trailsonic regime. To accurattely ac- 
count for tlie effect of the body, particularly wheii the wings are experieiiciiig 
asyiiiiiietric modal motions, it. is necessary to model tlie full configuration in 
the iioiiliiiear transonic regime. In this study, full-span wing-body coiifigura- 
tioils are siiiiulated for tlie first. t h e  by usiiig tlie unsteady TSP equatioiis and 
it lias beeii iiicorporated iii XTRAN3S-Aiiies. The body geoiiietry is modeled 
exactly as tlie physical shape, instead of as a rectaiigular box, wliicli lias been 
doiie in tlie past. Steady pressure computations for wing-body coiiflguratioiis 
coiiipare well with the available experiiiieiital data. Unsteady pressure coiii- 
putations wlieii tlie wings are oscillating in asyiiiiiietric modes show significant 
influence of tlie body. The details are qiveii iii reference 15. Figure 10 shows 
steady pressures 011 the body (coiiipariirg well with tlie experiment) aiid also 
tlie effect of asyiiiiiietry 011 the unsteady lifting forces of the wing. 

RAE WING-BODY. M = 0.90, (I - 0" 

- 8  

0 

.4 1 1 ~. 
-1.6 

-1 

1.6 

FIGLIRE 10 
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;I Ye\\. :I Igorit 11111 for Unsteady Euler Equations 

One of t,he iiiost. successful ideas used iii the calculatioii of traiisoiiic flows 
is t,lie oiie of Muriiiaii-Cole to  use different t,ypes of differeiiciiig for t.lie re- 
gions of subsonic aiid supersonic flows. Central differeiiciiig is nsed in subsonic 
regions of t,lie flow and upwind differeiiciiig is used in supersonic regions of 
t,he flow. This cliaiige of the algorit.liiii takes into account t.he fundamentally 
different cliaract,eristics of subsonic and supersonic flows. The previous section 
of this paper lias sliowii the successful applicat,ioii of t.lie Muriiiaii-C!ole swit.cli 
iiiodified by Jaiiiesoii’s rot,ated differeiiciiig sclieiiie to  uust,eady t,raiisoiiic flow 
coiiiputatioiis 011 wing-body coiifigui-atioiis. h4otivated by the success of the 
t. y p e de p e lid e ut. d i ffe re iic i iig fo r p o t. e lit. ial equat. io iis , a si iiii lar met. Iio d has b ee ii 
developed (ref. 16) for t.he Euler equat,ioiis. This new algorithiii uses flux vect,or 
splitt.iiig in coiiibiiiat,ioii wit,h the  concept, of rot,at.iiig t,lie cooi-dii1at.e system t.0 
the local st,reaiiiwise clirect.ioii. The flux vector biasing is swit,clied froiii upwiiicl 
for supersonic flow t.0 dowiiwiiid for subsonic flow. Several one-diiiieiisioiial cal- 
c ula t io lis for steady a lid u lis t e ad y t. r aiiso iiic flows de 1110 list rat, ed t, he s t, ab  i l i t  y 
and accuracy of t.lie algorit,liiii. Uiist.eady result,s were deiiioiist,rat,ed for an 
airfoil whose thickness varies i n  t,iiiie. Fi ure 11 shows the pressure coefRcieiit 
p1ot.s for t.liree t,iiiies at wliicli t.lie sliocf wave is increasing in st.reiigt.li aiici 
t.iiiie accurately iiioviiig dowiistream. 

UNSTEADY EULER ALGORITHM FOR TRANSONIC FLOW 

0 NEW ALGORITHM IS BASED ON AOI, FLUX SPLITTING, SWITCHING AT SHOCKS. 
AND ROTATING DIFFERENCING 

PRESSURE COEFFICIENTS FOR FORMATION AND DOWNSTREAM 
PROPAGATION OF THE SHOCK WAVE 

-1.0 

TEST PROBLEM TO VERIFY ALGORITHM. 
2-D UNSTEADY TRANSONIC FLOW , < F ,  

T =  1825  ’ ’  
M,=O85 

.5 ’ y 
1 0  

-.2 0 2 .4 .6 .8  1.0 1.2 
X 
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FU t ur e D i re c t io lis and C! o iic 1 ud i iig Re iii arks 

Since about. 1978 to date, CFD for aeroelast,icit,y lias progressed froiii solv- 
iiig siiiiple airfoils to aliiiost coiiiplete aircraft, by using T S P  theory. Vow 
iiidust,ry lias a coiiiputatioiial t,ool such as XTRANSS to simultaneously solve 
structures aiid aerodyiiaiiiics for traiisoiiic flows at  siiiall angles of att,ack. Most, 
of the aeroelastic plieiioiiieiia such as flut.ter occurs at. siiiall angles of at,t,ack. 
As illustrated in this paper, t,iiiie accurate simult,aiieous solutioii of structures 
aiid aerodyaiiiics is essential t,o properly understand the physics of real world 
aeroelast,ic problems. Tlie coiiiput.at.ioiia1 efficiency of XTRANSS lias been hi- 
proved by a factor of about 100 since its first. release. Tlie present, version, 
1.10, of XTRAN3S caii iiiake tiiiie accurat8e uiisteady traiisoiiic computations 
oii flgliter wings such as the F-5 iii about. 10 iiiiiiutes of CRAY-XMP t,iiiie. 
XTRANSS caii furt,lier be applied t.0 iiivest,igate practically import,aiit. t,iiiie 
dependent aeroelast.ic plieiioiiieiioii such as the oiie illusti-at8ed for active coii- 
trols in this paper. During the last decade CFD without structural coupliiig 
lias advanced fairly well to t,lie use of Euler/Navier Stokes equat,ioiis. This 
lias lead to  the developiiieiit of codes such as TNS, a Transonic Navier St,okes 
code for full aircraft, analysis( ref. 4). However, t,liese developiiieiits liave been 
iiiostly restricted t,o steady computations. New algorit(1iiiis are beiiig developed 
to  make tiiiie accurate uiist.eady computatioiis(ref. 1 G ) .  These iiew tools along 
with other CFD techniques, such as t,lie zoiial grid approach developed for the 
TNS code(see Figure 1 2  for typical steady results), need to be extended for 
aeroelastic coiiiput.atioiis of full aii-craft. with coiiiplex flows. ' t  

EULERlNAVlER STOKES CODE FOR FULL AIRCRAFT ANALYSIS 

A NEW TIME ACCURATE UNSTEADY ALGORITHM WILL BE IMPLEMENTED 

0 TYPICAL RESULTS FROM STEADY TRANSONIC NAVIER STOKESCODE 

ZONAL GRIDS IN 
PHYSICAL SPACE 
FOR F-16 

MACH CONTOURS 

FIGURE 12 
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OVERVIEW 

The presentation describes the development of a new transonic code to predict unsteady flows 
about realistic aircraft configurations. The work has been a major research activity over 
the past year within the Unsteady Aerodynamics Branch at NASA Langley Research Center. 
The presentation first describes an approximate factorization algorithm for solution of the 
unsteady transonic small-disturbance (TSD) equation. Because of the superior stability 
characteristics of the AF algorithm, a new transonic aeroelasticity code has been developed 
which is described in some detail. The new code was very easy to modify to include the 
additional aircraft components, so in a very short period of time the code has been developed 
to treat complete aircraft configurations. Finally, applications are presented which 
demonstrate many of the geometry capabilities of the new code. 

0 Describe Approximate Factorization (AF) algorithm 

0 Demonstrate superior stability characteristics of AF algorithm 

0 Introduce new transonic aeroelasticity code 

0 Describe complete aircraft modeling 

0 Applications 



APPROXIMATE FACTORIZATION ALGORITHM DEVELOPED 

A new algorithm based on approximate factorization (AF) was recently developed by Batina 
(Ref. 1) for the time-accurate solution of the unsteady TSD equation. The A F  algorithm 
involves a Newton linearization procedure coupled with an internal iteration technique. In 
Ref. 1 the A F  algorithm was shown to be very robust and efficient for application to either 
steady or oscillatory transonic flows with subsonic or supersonic freestream conditions. 
The new algorithm can provide accurate solutions in only several hundred time steps 
yielding a significant computational cost savings when compared to alternative methods. 
Furthermore, the A F  algorithm is fully vectorizable which results in an additional saving of 
computer resources. 

0 Time-accurate solution of TSD equation 

0 Involves Newton linearization coupled with internal iterations 

0 Stable for relatively large time steps 

0 Fully implicit and vectorizable in all three coordinate directions 

0 Enables supersonic freestream calculations 
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APPROXIMATE FACTORIZATION ALGORITHM OVERVIEW 

Shown here is a brief overview of the AF algorithm. A much more detailed description is 
given in Ref. 1. Basically, if the TSD equation is written in general form as R(@n+1) = 0, 
then the solution is given by iteration of the Newton linearization. In this equation, A@ is 
equal to @"+I - @* where @* is the currently available value of @"+I.  During convergence 
of the iteration procedure, A@ is driven to zero so the solution is given by I$*. The equation 
is solved numerically by approximately factoring aR/a@ into a triple product of operators 
and then sequentially applying the operators using three sweeps through the grid. 

0 TSD equation general form 

R ($"'I = 0 

Solution by Newton linearization and internal iteration 

n+l where A o  = 0 - O* 

0 AF Algorithm 

aR where L L L z(-I Q T  o = @ *  



CONVERGENCE STUDY FOR UNSTEADY APPLICATIONS 

With the AF algorithm, the step size may now be selected based on accuracy, rather than on 
numerical stability. To demonstrate this, a convergence study was performed for the F-5 
wing at M = 0.9, to determine the largest step size that would produce converged results. 
Unsteady results were obtained using 100, 200, 300, and 400 steps per cycle of motion 
which required At = 0.2293, 0.1 147, 0.0764, and 0.0573, respectively. The calculation 
for 100 steps per cycle produced reasonable results but fairly large differences were 
observed with the 200 steps per cycle calculation. As shown in this figure, the results for 
200 and 300 steps per cycle are very similar, although there are small differences near 
the leading edge and in the sh0c.k pulse region. The results for 400 steps per cycle are 
essentially the same as those for 300. Therefore, it takes about 300 steps per cycle to 
produce converged results, although the results for 200 steps per cycle may be acceptable 
for engineering purposes. 

0 F-5 wing upper surface pressures f o r  r ig id  p i tch ing  
at M = 0.9 and k = 0.137 - 

AF algor i thm 

ZOO steps/cycIe 
300 steps/cycle 

7 

----- 

-C 

= 0.18 

-6 
0 1 

XI c 
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CAP-TSD: COMPUTATIONAL AEROELASTICITY EROGRAM - 
LRANSONIC SMALL DISTURBANCE 

Because of the superior stability characteristics and computational efficiency of the AF 
algorithm, a new transonic code has been developed for aeroelastic applications. The new 
code is called CAP-TSD (Ref. 2) which is an acronym for computational Aeroelasticity 
Erogram - Iransonic Small Disturbance. As the name implies, the code solves the unsteady 
transonic small-disturbance equation based on the AF algorithm. The purpose of the CAP- 
TSD code is for static and dynamic aeroelastic applications. The code is highly vectorized and 
thus is very fast. In comparison with XTRAN3S, for example, CAP-TSD is about six times 
faster on a per time step basis. Also, the code is capable of treating complete aircraft 
configurations. 

Based on approximate factorization algorithm 

Static and dynamic aeroelastic applications 

0 Code i s  highly vectorized: very fast 

XTRAN3S V1.5 CAP -TSD 
0.62 CPU SEC/At 0.1 CPU SEC/At 

T 
0 Computational expense - N ( =>I x CPU SEC/At 

Potential savings factor - 20 x 61100 

0 Capable of treating complete aircraft configurations 



COMPLETE AIRCRAFT MODELING WITH CAP-TSD 

This includes multiple lifting surfaces, the fuselage, pylons/stores/naceIles, as well as 
leading and trailing edge control surfaces. Furthermore, these components may be 
arbitrarily placed within the computational domain to allow for a full-span modeling 
capability. With this capability, one can then treat antisymmetric mode shapes or 
unsymmetric geometries such as an oblique wing or even unsymmetric store configurations. 

0 Mult ip le  l i f t ing  surfaces (canard/ wing/tail) 

0 Fuselage 

0 Pylons/stores/nacelles 

0 Leading and t ra i l i ng  edge control surfaces 

0 Components may be arb i t ra r i l y  placed w i th in  computational domain 

- Ful l  span capability 
- Ant isymmetr ic  mode shapes or  unsymmetr ic geometries allowed 
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COMPLETE AIRCRAFT MODELING WITH CAP-TSD 

Shown here are several of the complex configurations that have been modeled using CAP- 
TSD. The figure illustrates how combinations of lifting surfaces and bodies are used to 
model realistic geometries. 

NLR F-5 wing/tiptank/pylon/store 
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CONFIGURATIONS ANALYZED USING CAP-TSD 

Results are presented next for the five configurations shown here, which demonstrate many 
of the CAP-TSD geometry capabilities. These configurations range in geometrical 
complexity from a simple wing with control surface to a realistic fighter geometry. The 
five configurations were selected to assess various geometry capabilities of CAP-TSD by 
making comparisons with the experimental pressure data of Refs. 3-9. The configurations 
include: The F-5 wing with an inboard trailing edge control surface (Ref. 3); the F-5 wing 
with an area-ruled tiptank and underwing pylon/store (Refs. 4 and 5); a simple wing/ 
fuselage/tail configuration that was tested at the DFVLR (Ref. 6); a canard/wing/fuselage 
model tested by Rockwell (Ref. 7); and finally, the General Dynamics one-ninth scale 
F-16C aircraft model (Ref. 8). 
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RESULTS FOR F-5 WING/CONTROL SURFACE 
CONFIGURATION 

Results were obtained for the F-5 wing/control surface configuration to assess the accuracy 
and efficiency of the CAP-TSD code for oscillatory control surface applications. The wing 
has a panel aspect ratio of 1.58, a leading edge sweep angle of 31 .go, and a taper ratio of 
0.28. The airfoil section of the F-5 wing is a modified NACA 65A004.8 airfoil which has a 
drooped nose and is symmetric aft of 40% chord. The control surface has a constant- 
percent-chord hinge line at 82% chord, inboard side edge at the wing root, and outboard side 
edge at 58% semispan. The calculations are compared with the experimental oscillatory 
pressure data from an F-5 wing model tested by Persoon, Roos, and Schippers (Ref. 3). 
Both subsonic and supersonic freestream cases are presented. Steady pressure distributions 
for these cases were presented and compared with the experimental data in Ref. 1, and 
therefore are not repeated here. Unsteady pressure results are described as follows. 

0 Case 1: M = 0.9, unsteady flow 

0 Case 2 :  M = 1.1, unsteady f low 
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F-5 WING/OSCILLATING CONTROL SURFACE APPLICATION 

At the subsonic freestream Mach number of 0.9, unsteady results were obtained for the 
control surface oscillating with an amplitude of 0.4710 at a reduced frequency of 0.139. 
The calculations were performed using only 300 steps per cycle of motion which 
corresponds to a step size of At = 0.07354. Three cycles of motion were computed to obtain 
a periodic solution. Unsteady pressure distributions along three chords of the wing are 
shown in this figure along with the experimental data. These pressures are plotted as real 
and imaginary components corresponding tu the '*in-phase and out-of-phase unsteady 
pressure distributions normalized by the amplitude of motion. The CAP-TSD results agree 
well with the data, especially in predicting the control surface pressures and the hinge-line 
singularity at 82% chord. 

0 Lower surface unsteady pressures at b1 = 0.471' and k = 0.139 

M =  0.9 

CAP-TSD 

0 0 Experiment 

-8 ' I '  I I I I 
0 .2 .4 .6  .8 1.0 

x l c  

73 



F-5 WIN G/O SC I L L AT I N G CON TR 0 L S U R FACE APP LI CAT1 0 N 

At the supersonic freestream Mach number of 1.1, the unsteady results were obtained for 
the control surface oscillating with an amplitude of 0.450 at a reduced frequency of 0.118. 
These calculations were also performed using only 300 steps per cycle of motion which 
corresponds to a step size of At = 0.08875. Only two cycles of motion were required to 
obtain a periodic solution. Calculations for the third cycle of motion produced results that 
were identical to the second cycle results, to plotting accuracy. This faster convergence is 
due to the lack of upstream signal propagation resulting from the supersonic nature of the 
flow. The results indicate that the pressures on the control surface are nearly in-phase 
with the motion since the imaginary components are very small in comparison with the real 
components. Also, the pressures are zero outside of the domain of influence of the control 
surface which is expected for supersonic flow. The CAP-TSD results are in very good 
agreement with the experimental data. Further applications of CAP-TSD including 
comparisons with experiment for supersonic freestream cases are reported in Ref. 10. 
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RESULTS FOR 
F-5 WING/TIPTAN K/PY LON/STORE CON FlGU RATION 

Results were next obtained for the F-5 wing with tiptank and pylon/store to assess CAP- 
TSD for multiple body geometries. For this configuration, three components have been 
modeled in addition to the F-5 wing: (1) an area-ruled tiptank which is an axisymmetric 
body of revolution with a fineness ratio (length/maximum diameter) of 10.88; (2) an 
underwing store which is also an axisymmetric body of revolution with a fineness ratio of 
7.04; and (3) a pylon which connects the store to the lower surface of the wing at 77% 
semispan. The tiptank and store have angles of incidence relative to the wing zero angle of 
attack of -2.00 and -2.50, respectively. A more detailed description of the F-5 
wing/tiptank/pylon/store configuration is given in Refs. 4 and 5 along with the 
experimental pressure data. The calculations were performed for combinations of F-5 
components to investigate aerodynamic interference effects on steady and unsteady wing 
pressures. In these calculations the freestream Mach number was selected as 0.45 for 
comparison with the subsonic data published by the NLR. 

0 Case 3:  M = 0.45, steady and unsteady flows 
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F-5 TIPTANK STEADY PRESSURE COMPARISONS 

For this case, steady pressure distributions are presented first for the tiptank, to assess the 
accuracy of the body modeling. Two sets of pressures are plotted corresponding to inboard 
(e = 157.50) and outboard (0 = 22.50) longitudinal lines along the tiptank. These pressure 
distributions show expansions near the fore and aft maximum diameter locations and a 
compression near the area-ruled middle region. The calculated tiptank pressures are in 
good agreement with the experimental data. 
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EFFECT OF PYLON/STORE ON STEADY PRESSURES 

Steady pressure distributions on the wing are presented here for the 72% semispan station. 
Two sets of calculated and experimental results are plotted corresponding to the 
wing/tiptank configuration with and without the pylon/store. As shown in the lower part of 
the figure, inclusion of the pylon and store significantly increased the lower surface 
pressures from the wing leading edge to approximately 60% chord. The effect of the 
pylon/store on the upper surface pressures is negligible, as shown in the upper part of the 
figure. The calculated steady pressures for cases with and without the pylon/store compare 
well with the experimental data. 
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EFFECT OF PYLONSTORE ON UNSTEADY PRESSURES 

This figure shows the effect of the pylon/store on the unsteady pressure distributions. The 
unsteady calculations were performed for the configuration pitching harmonically at a 
reduced frequency of k = 0.147. The configuration was forced to pitch about a line 
perpendicular to the root at 15% chord from the wing apex. The results were obtained using 
300 steps per cycle of motion which corresponds to a step size of At = 0.07135. Two sets of 
results are again presented corresponding to the wing/tiptank configuration with and 
without the pylon/store. As shown in the upper part of the figure, inclusion of the pylon and 
store increased the real component of the unsteady lifting pressure, similar to the steady- 
state interference effect. The effect on the imaginary part is negligible. The CAP-TSD 
results are again in good agreement with the experimental pressure data in predicting the 
aerodynamic interference effects of the pylon/store. 
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RESULTS FOR 
DFVLR WING/FUSELAGE/TAIL CONFIGURATION 

For the DFVLR wing/fuselage/tail configuration, results were obtained to assess the 
accuracy of CAP-TSD for multiple lifting surface and fuselage applications. The DFVLR 
configuration consists of a rectangular-planform wing that is centrally mounted to a 
circular cross-section fuselage with a T-tail. The wing has a panel (exposed) aspect ratio of 
2.66 and an RAE 101 airfoil section (9% maximum thickness-to-chord ratio). The 
axisymmetric fuselage has a fineness ratio of 9.75. The horizontal tail has a panel aspect 
ratio of 1.5 and an RAE 101 airfoil section (1 2.7% maximum thickness-to-chord ratio). It 
is located above the wing mean plane, a distance equal to the fuselage maximum diameter, and 
is connected to the fuselage by the rectangular vertical tail. The DFVLR wing/fuselage/taiI 
configuration is further described in Ref. 6 along with the low-speed experimental steady 
pressure data. In these calculations, the freestream Mach number was selected as 0.2 for 
comparison with the data. For this case as well as for the remaining complex configurations, 
only steady-state comparisons with experiment are given. This Is because, in general, there 
Is a lack of experimental unsteady pressure data on complex configurations to validate time- 
accurate computer codes. 

0 Case 4: M = 0.2, steady f low 
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DFVLR CONFIGURATION STEADY PRESSURE COMPARISON 

For the DFVLR configuration, comparisons of CAP-TSD and experimental steady pressures 
on the upper surfaces of the wing and tail are shown in the figure. Chordwise pressures 
along three span stations of the wing and along one span station of the tail were selected for 
comparison with the data. The angle of attack of the wing was 0.250. The angle of attack for 
the tail and fuselage was 0.150. The CAP-TSD results compare very well with the data along 
both lifting surfaces except in the vicinity of the wing leading edge. 
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DFVLR CONFIGURATION STEADY PRESSURE COMPARISON 
FOR FUSELAGE 

This figure shows similar comparisons between CAP-TSD and experiment for the fuselage of 
the DFVLR configuration. Two sets of longitudinal pressures are plotted corresponding to the 
fuselage upper centerline (e = 900) and to a line that passes close to the wing-fuselage 
junction (0 = 200). The calculated pressures are again in good agreement with the 
experimental data even in the critical wing-fuselage junction region. This good agreement 
thus validates the CAP-TSD code for application to multiple-component configurations such 
as the DFVLR wing/fuselage/tail. 
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RESULTS FOR 
ROCKWELL CANARD/WING/FUSELAGE CONFIGURATION 

To further assess CAP-TSD for multiple lifting surface and fuselage applications, results 
were obtained for the Rockwell canard/wing/fuselage configuration. This configuration 
consists of a swept-tapered canard and wing mounted to a relatively simple half-span 
fuselage. Each of the non-coplanar lifting surfaces has a panel (exposed) aspect ratio of 
approximately 1.0, a leading edge sweep angle of 400, a taper ratio slightly greater than 
0.25, and a supercritical airfoil section. The wing also has 40 of incidence relative to the 
fuselage and 50 of parabolic twist washout. The Rockwell canard/wing/fuselage 
configuration is further described in Ref. 7 along with the experimental steady pressure 
data. In the CAP-TSD comparisons presented here, the freestream Mach number was 0.8. 

0 Case 5: M = 0.8, steady f low 
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ROCKWELL CONFIGURATION STEADY PRESSURE COMPARISON 

For this case, the angle of attack for both the canard and the wing was 2.050. For the wing, 
this angle is added to the incidence and twist so that the root and tip are effectively at 6.050 
and 1.050, respectively. The figure shows chordwise pressures along one span station of the 
canard and along three span stations of the wing. The CAP-TSD pressures are in favorable 
agreement with the experimental data along both lifting surfaces. The small differences 
between calculation and experiment in the wing upper surface trailing edge region, are due 
to flow separation. The overpredicted pressures along the lower surface of both the canard 
and the wing, aft of approximately 85% chord, are due to viscous effects. Of course, flow 
separation and viscous effects are. outside the scope of the present capability. 
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RESULTS FOR 
GENERAL DYNAMICS F-16C AIRCRAFT MODEL 

Finally, results were obtained for the General Dynamics F-16C aircraft model to 
demonstrate application of CAP-TSD to a realistic configuration. The calculations were 
performed for three Mach numbers including 0.85, 0.9, and 1.1. In each case, CAP-TSD 
results were obtained for the F-16C aircraft at approximately 2.30 angle of attack and with 
the leading edge control surface of the wing deflected upwards 20 for comparison with the 
experimental steady pressure data of Ref. 9. These steady pressure comparisons were made 
to assess the accuracy of CAP-TSD for complete airplane applications. All of the results 
were originally reported in Ref. 1. The results presented here are for the M = 0.9 case. 

0 Case 6: M = 0.85, steady flow 
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CAP-TSD MODELING OF F-16C AIRCRAFT 

In these calculations, the F-16C is modeled using four lifting surfaces and two bodies. The 
lifting surfaces include: (1) the wing with leading and trailing edge control surfaces: (2) 
the launcher; (3) a highly-swept strake, and shelf surface; and (4) the horizontal tail. The 
bodies include: (1) the tip missile and (2) the fuselage. Other salient features of the 
F-16C modeling include 30 linear twist washout for the wing, a leading edge control surface 
hinge line that is straight but not of constant-percent chord, and 100 anhedral for the 
horizontal tail. The rather detailed geometry description for the one-ninth scale F-16C 
aircraft model was obtained from Ref. 8 and the experimental steady pressure data is 
tabulated in Ref. 9. All of the calculations were performed on a Cartesian grid that conforms 
to the leading and trailing edges of the lifting surfaces which contains 324,000 points. The 
grid was fairly easy to generate, even for a complex configuration such as the F-16, because 
it is Cartesian. 

There are no unsteady experimental data to validate the CAP-TSD code for time-accurate 
F-16C calculations. Nonetheless, an unsteady calculation was performed for the M = 0.9 
case, to demonstrate the time-accurate capability. For simplicity, the calculation was 
performed for a rigid pitching motion where the entire F-16C aircraft was forced to 
oscillate about the model moment reference axis. Parallel calculations were also performed 
for the wing alone, to investigate the effects of aerodynamic interference by making 
comparisons with the complete airplane results. These wing-alone calculations were 
performed for the outer wing panel only, with a plane of symmetry assumed at the wing root. 
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F-16C AIRCRAFT STEADY PRESSURE COMPARISON 

Steady pressure comparisons are presented here for three span stations of the wing and one 
span station of the tail. For this case (M = 0.9), there is a moderately strong shock wave on 
the upper surface of the wing and the CAP-TSD pressures again generally agree well with 
the experimental pressures. The shock is slightly overpredicted in strength and located 
slightly aft of the experimental location which is expected from a conservative inviscid 
potential flow code. The inclusion of the nonisentropic effects (Ref. 11) and viscous effects 
(Ref. 12) could be expected to improve the correlation between calculation and experiment. 
For the tail, the flow is predominantly subcritical and the CAP-TSD pressures agree well 
with the experimental data. Also, the calculations required only 0.88 CPU seconds per time 
step on the VPS-32 computer at NASA Langley Research Center. 
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F-16C AIRCRAFT UNSTEADY PRESSURE COMPARISON 

This figure shows the unsteady pressures for the entire F-16C aircraft undergoing a rigid 
pitching oscillation. Two sets of calculated pressures are compared, corresponding to 
complete airplane and wing alone modeling. The reduced frequency was selected as 0.1, the 
oscillation amplitude was chosen as ai = 0.50, and 300 steps per cycle of motion were used. 
As shown in the figure, there is a relatively large shock pulse in the real part of the wing 
upper surface pressures. ,This shock pulse is of4arger magnitude and is located further 
downstream in the complete airplane model. These features are attributed to a stronger 
steady-state shock on the upper surface of the wing produced by the accelerated flow about 
the fuselage and the IauncherAip missile. The unsteady pressures near the leading edge of 
the wing are also generally of larger magnitude for the complete airplane. For the tail, the 
unsteady pressures are relatively small in comparison with the wing pressures and thus 
were plotted on an expanded scale. The tail is located considerably aft of the pitch axis and 
thus its motion Is plunge domlnated which results In smaller alrioads for the low value of k 
considered. Furthermore, these pressures are nearly 900 out of phase with the alrcraft 
motlon slnce the real components are small compared to the Imaginary components. Also, 
the differences between complete airplane and wlng-alone results emphasize the Importance 
of lnciudlng all of the alrcraft components in the calculation. 
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STEADY FLOW FIELD PRESSURES FOR F-16C AIRCRAFT 

The following sequence of figures shows steady and unsteady pressure contours for the 
F-16C aircraft. The view shown in the first set of figures is an oblique projection of the 
aircraft. In this view, contours are plotted in vertical planes at four span stations along 
each wing as well as along the vehicle centerline. This figure shows the steady flow field 
pressures at M = 0.9 and a0 = 2.380. The contours indicate that there is flow compression 
along the leading and trailing edges of the wing and forward along the canopy. Flow 
expansion is indicated above the wing and fuselage, and above the canopy. 
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UNSTEADY FLOW FIELD PRESSURES FOR F-16C AIRCRAFT AT 
MAXIMUM PITCH ANGLE 

Instantaneous flow field pressures at two points during a cycle of the rigid aircraft pitching 
calculations are shown in the next two figures. This figure shows contours at the aircraft 
maximum pitch angle; the next figure shows contours at the aircraft minimum pitch angle. 
The pressures shown here indicate an increase in the overall levels of both compression and 
expansion as the aircraft pitches up. 
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UNSTEADY FLOW FIELD PRESSURES FOR F-16C AIRCRAFT AT 
MINIMUM PITCH ANGLE 

As the aircraft pitches down, the pressure levels decrease significantly along the wing, as 
shown in the figure. 
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STEADY SURFACE PRESSURES FOR F-16C AIRCRAFT 

The other view plotted is the planform view of the aircraft. Here the upper surface 
pressures are contoured similarly to the oblique projection results. This figure shows the 
steady surface pressures at M = ‘0.9 and a0 = 2.380. In this view, the shock wave is clearly 
represented by the lateral line on the wing near 75 - 80% chord. The shock is strongest 
outboard where there is a rapid change in contour level. 
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UNSTEADY SURFACE PRESSURES FOR F-16C AIRCRAFT 
AT MAXIMUM PITCH ANGLE 

Instantaneous pressures at two points during the cycle of rigid aircraft pitching are shown 
in the next two figures. Near the aircraft maximum pitch angle (shown here) the embedded 
supersonic region becomes larger as indicated by the increased size of the black contouring 
on the upper surface of the wing. Also, the shock becomes relatively strong as indicated by 
the rapid change in contour level, from black to white. 

92 



ORIGINAL PAGE 1s 
OF POOR QUALITY 

UNSTEADY SURFACE PRESSURES FOR F-16C AIRCRAFT 
AT MINIMUM PITCH ANGLE 

Near he aircraft minimum pitch angle, shown in this figure, the shock on the wing upper 
surface becomes relatively weak and the flow i s  more compressed in the inboard region 
along the strake. 
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CONCLUDING REMARKS 

A transonic unsteady aerodynamic and aeroelasticity code called CAP-TSD has been developed 
for application to realistic aircraft configurations. The name CAP-TSD is an acronym for 
Computational Aeroelasticity program - Iransonic Small Disturbance. The new code now 
permits the calculation of unsteady flows about complete aircraft configurations for 
aeroelastic analysis in the flutter critical transonic speed range. The CAP-TSD code uses a 
time-accurate approximate factorization (AF) algorithm for solution of the unsteady 
transonic small-disturbance equation. The AF algorithm has been shown to be very efficient 
for steady or unsteady transonic flow problems. It can provide accurate solutions in only 
several hundred time steps yielding a significant computational cost savings when compared 
to alternative methods. For reasons of practicality and affordability, an efficient algorithm 
and a fast computer code are reqliiements for realistic aircraft applications. 

Results were presented for several complex aircraft conflguratlons which demonstrated the 
geometrical applicablllty of CAP-TSD. The code can treat conflguratlons with arbitrary 
combinations of lifting surfaces and bodies lncludlng canard, wing, tall, control surfaces, 
tlp launchers, pylons, fuselage, stores, and nacelles. These calculated results were In good 
agreement with the experlmental pressure data whlch assessed CAP=TSD for multlple 
components applications with mutual Interference effects. 

Finally, results were presented for the General Dynamics one-ninth scale F-16C aircraft 
model which demonstrated application to a realistic configuration. Steady results compared 
well with the experimental data. Unsteady results for the entire F-16C aircraft undergoing 
a rigid pitching motion were presented. Comparisons with parallel wing alone results 
revealed aerodynamic interference effects of the additional aircraft components on wing 
unsteady pressures. These effects emphasize the importance of including all components in 
the calculation. The CAP-TSD code thus provides the capability of modeling complete 
aircraft configurations for realistic transonic unsteady aerodynamic and aeroelastic 
analyses. Further pressure correlations and aeroelastic calculations are presently 
underway to continue assessing and validating the code. 

0 CAP-TSD code models complete aircraft configurations fo r  
transonic unsteady aerodynamic and aeroelastic analyses 

0 In i t ia l  pressure comparisons show good agreement 

0 Further  pressure correlations and aeroelastic calculations 
presently underway to cont inue validating code 
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cooperative program between NASA Langley Research Center and McDonnell 
Aircraft Company (MCAIR). We are grateful to Dr. John Edwards and his 
Unsteady Aerodynamic Branch for allowing MCAIR the use of CAP-TSD and 
providing the VPS-32 super computer resources. 
Jack Batina, Bob Bennett, and Dave Seidel for all of their help in setting up 
the CAP-TSD model of the F-15. 

A special thanks is given to 
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The F-15 is a twin engine high performance fighter aircraft and is shown 
in the three view drawing of Figure 1.. 
wing loading in cruise flight. Figure 2 also shows some of the wing and 
stabilator geometry characteristics. 

The large wing area allows for a low 

F-I 5 Geometry 

Wing Stabilator 
Aspect Ratio: 3.01 2.05 

Taper Ratio: 0.25 0.34 
Sweep (LE): 45 O 50 O 

Dihedral: - 1 "  0" 

Figure 1 
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Figure 2 shows the airfoil sections of the F-15 wing. The wing root 
is a 6 percent thick symmetric airfoil. 
towards the tip, which is a 3 percent highly cambered airfoil. 
has conical camber outboard of the 20 percent semi-span location. 

The wing decreases in thickness 
The F-15 wing 

F.15 Wing and Airfoil Shapes 

Figure 2 
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A 4.7 percent rigid model of the F-15 was tested in the MCAIR Polysonic 
Wind Tunnel in January of 1971. Wing pressures were measured at four span 
stations. The semi-span stations were located at 36.2, 58.7, 77.0 and 86.2 
percent. Nominally, there were 16 upper surface pressure taps and 7 lower 
surface pressure taps. 
The forward fuselage had 70 pressure taps located at 10 fuselage stations as 
shown in Figure 3 .  
angles of 0 (top), 44, 68, 90, 114, 138 and 180 (bottom) degrees. 

All data shown are for undeflected ailerons and flaps. 

The fuselage taps were located at fuselage rotation 

F-15 4.7% SCALE MODEL 
Wing and Fuselage Pressure Tap Location 

I 
i 

/ 4 
/ .  I 

FS 284.3 

FS 260, 
FS 212.3 

I FS 236.3 

FS 2bo.3 I Fs 248*3 I FS 296.3 -Fuselage 
Moldline Fs 224'3 FS 272.3 

Start of Inlet 

Q Aircraft 

YIS = 0.862 

Figure 3 
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P-15 CAP-TSD runs were made for the angle-of-attack and Mach range 
The Mach number ranged from subsonic, through the shown in Figure 4. 

transonic to the supersonic range. 
about 5 degrees. The F-15 CAP-TSD model includes the wing, wing-glove, 
stabilator, flow through inlets and fuselage body. Various pressures from 
these runs will be compared with test data. 
be shown to highlight the fuselage effects. 

The angle-of-attack ranged from 0 to 

Also, two wing alone cases will 

F-15 CAP-TSD STEADY RUNS 

Mach 0.80 Mach 0.90 Mach 0.95 Mach 1.208 

CY = 0.08" CY = 0.08" CY = 0.08" CY = 0.08" 
I = 2.46" = 2.46" * = 2.58" = 2.70" * 

= 4.84" = 4.84" 

F-15 CAP-TSD Model Includes: 

Wing, Wing-Glove, Stabilator, 
Flow Through Inlets, Fuselage Body 

*Runs were also made for wing alone case. 

Figure 4 
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Figure 5 is a picture of the CAP-TSD X-Y grid for the F-15 complete 
aircraft configuration. 
Z grid points. Thus, the total number of grid points is 345,600. There are 
22 Eta grid points along the wing span and 50 grid points along the wing 
chord. The stabilator has 15 Eta grid points and 23 chordwise points. 

There are 150 X grid points, 32 Y grid points and 72 

F-I 5 ‘CAP-TSD GRID 
n,=150 n,=32 n,=72 

Total Number of Grid Points = 345,600 

F i g u r e  5 
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The first CAP-TSD results to be shown will be for the F-15 forward 
fuselage section. Figure 6 shows the pressure coefficients for the top and 
bottom of the fuselage versus fuselage station. 
angle-of-attack of 0.08 degrees, the CAP-TSD lower surface pressures agree 
well with the wind tunnel data. The upper surface CAP-TSD pressures agree 
qualitatively with the data. However, CAP-TSD shows the compression over the 
canopy starting a little sooner than the test data at a fuselage station of 
225 inches. CAP-TSD predicts more compression than the data shows. In the 
area where the flow expands over the canopy, Fuselage station 250 inches, the 
agreement is better. Refer to Figure 3 for a side view of the canopy. It is 
felt that more grid poinfs along the fuselage will improve the CAP-TSD 
correlation of the upper surface pressure. 

For M = 0.9 and an 

F-I 5 COMPLETE AIRCRAFT, MACH 0.9, cu = 0.08' 
Fuselage Pressures 

CAP-TSD pressure - top 
CAP-TST pressure - bottom 

I 0 Experimental data - top 
0 Experimental data - bottom 

I 

_-__ ~ - 1.2- 
_ _ _ _ _ _ _ _ _ _  

- 0.8 t 
I 

- 0.4 A 
i :/ 

0.4 F/ 

1.21 I I I I I 
125 175 225 275 325 375 

Fuselage Station - in. 

Figure 6 
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The F-15 fuselage pressures for a supersonic case are shown in Figure 7. 
The lower surface pressures show good correlation between CAP-TSD results and 
the test data. 
than the data. However, the overall comparison is encouraging. 

The upper surface pressures show a more severe compression 

F.15 COMPLETE AIRCRAFT, MACH 1.208, a = 0.08' 

CAP-TSD pressure - top 
---------- CAP-TST pressure - bottom 

Experimental data - top 
Experimental data - bottom 

~- 

1.2 
125 175 225 275 325 375 

Fuselage Station - in. 

Figure 7 
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Figures 8-10 are comparisons of CAP-TSD results and measured data 
for the outer most wing pressures. 
angles-of-attack are 0.08, 2.46  and 4.84 degrees. 
t h e  effects that increasing angle--of-attack has on the wing flow. It should be 
noted that the airfoil shape at this outboard section is highly cambered. 
(Refer to Figure 2.) 
results and wind tunnel pressures. 

The Mach number is 0.81 and the 
These three figures show 

Figure 8 shows very good agreement between CAP-TSD 

F-15 COMPLETE AIRCRAFT, MACH 0.810 
YIS = 0.862 CY = 0.08' 

- _ _ _ _ _ - - -  - -  CAP-TSD - lower surface 
CAP-TSD - upper surface 

- 0.5 
.\ ........................................................................................... CI. 

0.5 t 
i 
i 

1.0' I I I I I 
0 0.2 0.4 0.6 0.8 1 .o 

XIC 

Figure 8 
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Figure 9 is the comparison of experimental wing pressures with CAP-TSD 

The flow on the upper surface is barely supersonic at X/C = 0.2. 
results for M = 0.81, alpha = 2.46 degree at an 86 percent semi-span 
location. 
Agreement between CAP-TSD and experiment is very good. 

F-15 COMPLETE AIRCRAFT, MACH 0.810 
YIS = 0.862 (Y = 2.46' 

- - - - - - - - - - CAP-TSD - lower surface 
CAP-TSD - upper surface 

.......................................... cr- 
- 0.5 

0.5 

1 I 1 1 1 
1 .o 1.0' 

0 0.2 0.4 0.6 0.8 
XIC 

Figure 9 
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The F-15 outer wing pressure comparison for M = 0.81, alpha = 4 .84  
degree is shown in Figure 10. 
CAP-TSD agree well with the experimental data. 
pressures are not quite showing the degree of suction suggested by the test 
data. 

The lower surface pressures as predicted by 
The upper surface CAP-TSD 

F.15 COMPLETE AIRCRAFT, MACH 0.810 
YIS = 0.862 = 4.840 

- - - - - - - - - - CAP-TSD - lower surface 
CAP-TSD - upper surface ____ 

- 0.5 

C P  0 

I 1 I I I 
0.2 0.4 0.6 0.8 1 .o 1 .o; 

XIC 

Figure 10 



Some representative Mach 0.9 cases are shown in Figures 11 and 12. 
Figure 11 shows data for the wing pressure at a 77.8 percent semi-span 
location for an angle-of-attack of 0.08 degrees. 
are in good agreement between CAP-TSD results and wind tunnel data. 
lower surface pressures also agree well, with a slight discrepancy at 0.1 
X/C < 0.2'. 
in airfoil slopes. 

The upper surface pressures 
The 

This is an area of extreme lower surface camber and rapid change 

F-15 COMPLETE AIRCRAFT, MACH 0.9 
YIS = 0.778 01 = 0.08' 

- 1.0 

- 0.5 

C P  0 

0.5 

- - - - - - - - - - CAP-TSD - lower surface 
CAP-TSD - upper surface 

I I I I I 
0 0.2 0.4 0.6 0.8 1 .o 1 .o 

XIC 

Figure 11 
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Figure 12 shows results for the inboard wing pressures for M = 0.9 and 
The figure compares CAP-TSD wing alone results with alpha of 2.46  degrees. 

the CAP-TSD complete fuselage model results and wind tunnel data. 
apparent that the modeling of the fuselage improves the upper surface 
pressures over the last 60 percent of the wing chord. 
also increase the upper surface leading edge suction. 

It is 

The fuselage effects 

F-15 COMPLETE AIRCRAFT, MACH 0.9 
YIS = 0.362 cu = 2.46' 

- 1.0 

- 0.5 

CP 0 

0.5' 

- - - - - - - - - - CAP-TSD - lower surface 
CAP-TSD - upper surface 

Wing Alone 
- 

J 

1 .o 
0 0.2 0.4 0.6 0.8 1 .o 

XIC 

Figure 12 
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Figures 13 and 14 show some of the wing pressure results for the Mach = 
0.95 case. Figure 13 is a comparison of the F-15 wing pressures with those 
predicted by CAP-TSD at a semi-span location of 77 percent and alpha = 0.08 
degrees. 
surface shock at 75% local chord location. 
data and CAP-TSD pressures is excellent for both the upper and lower 
surfaces. 

Both the experimental data and CAP-TSD results show a strong upper 
The agreement between the test 

F-15 COMPLETE AIRCRAFT, MACH 0.954 
YIS = 0.770 a = 0.08O 

- " O  r CAPsTSD - lower surface 
CAP-TSD - upper surface 

- - * l - l m - - -  

- 0.5 

CP 0 M 
0.59 

1.0 1 1 I I 1 I . ._ 
0 0.2 0.4 0.6 0.8 1 .o x/c 

Figure 13 
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Figure 14 shows the wing pressures for the same Mach number and 
semi-span as reported in Figure 13, but for an increased angle-of-attack of 
2.58 degrees. The-lower surface measured pressures are in good agreement 
with CAP-TSD results. 
the test data, with the predicted shock being slightly forward of the 
position shown by the test data. 

The upper surface CAP-TSD pressures are slightly below 

F-15 COMPLETE AIRCRAFT, MACH 0.952 
YIS = 0.770 a = 2.58' 

I 1 I I I 
0.2 0.4 0.6 0.8 1 .o 1 .ob 

XIC 

F i g u r e  14 
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Some representative supersonic, Mach = 1.208, cases are shown in Figures 
15 thru 17. Figure 15 is the CAP-TSD results for the complete F-15 compared 
to wind tunnel data at the 58.7 percent semi span and alpha of 0.08 degrees. 
Generally the agreement between theory and test is excellent for both upper 
and lower surface. 

F-15 COMPLETE AIRCRAFT, MACH 1.208 
YIS = 0.587 a = 0.08' 

- - ' - O :  0.5 

CAP-TSD - lower surface 
CAP-TSD - upper surface 

- - - - - - - - - - 

I I I I 1 

0 0.2 0.4 0.8 1 .o 
XIC 

Figure 15 
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The wing pressures for the same supersonic case as Figure 15 but at a 
more outboard semi-span location of 8 6 . 2  percent are shown in Figure 16. 
upper surface experimental pressures are in very good agreement with CAP-TSD 
results. 
experiment and show the effects of the lower surface camber in the leading 
edge area. 

The 

The lower surface CAP-TSD results also agree very well with 

F-15 COMPLETE AIRCRAFT, MACH 1.208 
YIS = 0.862 a = 0.08' 

- 1.0 r 

- - - - - - - - - - CAP-TSD - lower surface 
CAP-TSD - upper surface ~ 

I 

- 0.5 

....................................... .................................. ........... CIS 

0.5 

I I I I A 
0 0.2 0.4 0.6 0.8 1 .o 

XIC 

1.0 I 

Figure 16 
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F i g u r e  1 7  is the inboard wing pressures f o r  a Mach of 1 . 2 0 8  and an alpha 

The fuselage 
The largest 

of 2 . 7 0  d e g r e e s .  This figure compares CAP-TSD complete fuselage wing 
pressures with CAP-TSD wing alone results and wind tunnel data. 
effects improve the correlation for the upper surface pressures. 
improvement is over the last 40% of the local chord on the upper surface. 

F-15 COMPLETE AIRCRAFT, MACH 1.208 
YIS = 0.362 ct = 2.70° 

0.5 c 

- . - - - - - - - - CAP-TSD - lower surface 
CAP-TSD - upper surface 

1 1 I I I 
0.2 0.4 0.6 0.8 1 .o - 1.0: 

x/c 

F i g u r e  17 
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In summary, the P-15 fighter aircraft was modeled using CAP-TSD. The 
complete aircraft was model including the wing, stabilator, flow through 
inlets, and fuselage body. 
Mach numbers of 0.8, 0.9, 0.95 and 1.2.  The angle-of-attack for these runs 
ranged from 0 to 5 degrees. 

CAP-TSD was used to make static pressure runs for 

The CAP-TSD program showed good agreement between the computed fuselage 
and wing pressures and the measured wind tunnel pressures. Including the 
fuselage and inlets in the CAP-TSD analysis is important and improves the 
correlation of wing pressures with test data (Figure 18). 

SUMMARYICONCLUSIONS 

CAP-TSD Used to Model F-15, Model Includes: 
- Wing, Stabilator, Inlets, and Fuselage Body 

Static Runs Made for Following Conditions: 
- Mach Range - 0.8 to 1.2 

- Alpha Range - 0 to 5 deg 

CAP-TSD Generally Showed Good Agreement With Test Data 

Fuselage Effects Are Important in Modeling the F-15 

Figure 18 
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INTRODUCTION 

Currently there is considerable interest in the development of methods for calculating 
supersonic unsteady aerodynamics for application to advanced configurations. Although flutter 
is oftentimes critical at transonic speeds, critical conditions can also be encountered at both low 
and high supersonic speeds depending upon configuration and operating envelopes. Linear theory 
has been the primary analytical tool for analyzing flutter in the low supersonic region with 
recent efforts directed towards refining the potential gradient methods. In linear theory the 
loading on a wing is determined by the relationship of the Mach lines to the planform which can 
lead to complex logic for configurations. In this study a finite-difference technique is used to 
solve the transonic small-disturbance flow equation making use of shock-capturing to treat 
wave discontinuities. Thus the nonlinear effects of thickness and angle of attack are considered. 
Such an approach is made feasible by the development of an efficient new code by the Unsteady 
Aerodynamics Branch of the NASA Langley Research Center. The new code is called CAP-TSD for 
Computational Aeroelastlcity Program - Transonic Small Disturbance and is based on a fully 
lmpllclt approximate-factorizatlon (AF) finite-dlfference method to solve the time-dependent 
transonlc small-dlsturbance equation and has been descrlbed by Batina' In an earlier 
presentation at this workshop. This paper presents the appllcatlon of the CAP-TSD code to the 
caiculatlon of low to moderate supersonlc steady and unsteady flows. in partlcular, comparisons 
wlth exact llnear theory solutlons are made for steady and unsteady cases to evaluate the shock 
capturing and other features of the current method. in addition, steady solutlons obtained from 
an Euler code are used to evaluate the small disturbance aspects of the code. Steady and unsteady 
pressure comparisons are made with measurements for an F-5 wing model and for the RAE 
tailplane model. (Fig. 1 .). 

+Batina et al., NASA CP- 3022,, 1989, Paper No. 4. 

INTRODUCTION 

0 Significant interest in unsteady supersonic aerodynamics 
Configurations can be flutter critical at supersonic speeds 
New configurations are under development 

Linear theory currently used 
Mach box, potential gradient, etc 
Treats mach lines and mach cones explicitly = complex logic 
for configurations 

0 Present study applies CAP-TSD to wings 
0 Computational Aeroelasticity Program - Lransonic Small Disturbance 

Previous presentation'described application to configurations 
Comparisons presented: Linear theory, F-5 model, and RAE tailplane 
model +Pitt , this CP 

Figure 1 



CAP-TSD 

As previously indicated, CAP-TSD is based on a fully implicit approximate-factorization (AF) 
algorithm. The program solves the modified transonic small disturbance (TSD) equation 
including the +tt term. The program has been developed for configurations and is highly 
vectorized. A TSD code called XTRAN3S has been previously developed and used extensively: 
however, the partially-explicit alternating direction implicit algorithm used in XTRAN3S was 
unstable for swept and tapered wings at supersonic speeds. The AF algorithm used in CAP-TSD 
is stable for such cases. The finite-difference method treats discrete waves by shock capturing. 

For all the cases presented here, a finite-difference grid was used that consisted of 90 x 30 x 
60 points in the x-y-z directions giving a total of 162,000 grid points. The grid extended 10 
root chord lengths ahead and aft of the wing, nearly 13 chord lengths above and below, and one 
sernispan outboard of the tip. On the wihg, 50 points were used along each chord and 20 points 
along the span. This grid is one that would be used for a subsonic freestream and extends 
further than may be necessary for the supersonic cases. The outer boundary conditions for the 
cases considered herein are the "reflecting" outer boundary conditions, but care has been taken 
to ensure that the wing is located within the "Mach diamond" such that waves do not reflect from 
the outer boundaries back onto the wing surface. For the oscillating wings the calculations were 
made at 360 steps per cycle which corresponds to a time step of the order of 0.1. Only two 
cycles of motion were calculated because the flow field converges rapidly for supersonic flow. 
The second cycle was used for Fourier analysis. One Newton iteration per step was used for flow 
field convergence. (Fig. 2.) 

CAP - TSD 

0 Fu I I y i m p I i ci t ap p r ox i m ate- f acto r iz at i o n (A F) algor i t h m 

Solves general frequency modified transonic small disturbance (TSD) 
equation 

Developed for configurations 

0 Vectorized 

Stable for supersonic flow 

0 Treats discontinuous waves by shock-capturing 

0 Reflecting outer boundary conditions and large grid extent used 
for supersonic flow 

0 Fine grid: 90x30~60 (x-y-z) 162,000 points 
Figure 2 
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COMPARISON OF CAP-TSD AND EXACT LINEAR THEORY 
RECTANGULAR WING, AR = 4, M = 1.30 

6 -  

The first comparison with linear theory is for tip loading on a wing in steady flow. The loading 
within the tip Mach line for a wing with a supersonic leading edge has an exact conical flow 
solution. A typical result is shown in figure 3 and is compared with a corresponding CAP-TSD 
calculation for a rectangular wing. For this case the loading has a discontinuous slope at the 
Mach line which is smeared by the finite-difference scheme but the overall trend of the loading 
is reproduced. 

A c P  
a 
- 

2 -  

-- 
- 1 = 0.77 

~ 

0 0.2 0.4 0.6 0.8 1.0 

xic 

Figure 3 
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COMPARISON OF CAP-TSD AND EXACT LINEAR THEORY 
L.E. SWEEP = 40°, TAPER RATIO = 0.5, M = 1.12 

The next comparison is for a more complex situation. For a wing with a subsonic leading edge, 
the loading at the tip Mach line has a jump. A loading of this type is shown in figure 4 for a 
hexagonal wing planform of 40" leading-edge sweep, taper ratio of 0.50, and at M = 1.1 2. The 
over-all trend of the loading again is given by CAP-TSD but there is considerable smearing of 
the jump discontinuity. For this severe test case further development of the finite differencing 
is desirable, but the agreement of the overall trend is encouraging. 

Exact 

- 1 = 0.77 

I I I 

0 .2 .4 .6 .8 1.0 

xlc 

Figure 4 
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COMPARISON OF CAP-TSD AND EXACT LINEAR THEORY 
2-D FLAT PLATE PITCHING ABOUT 41.3% C, M = 1.30 

For unsteady flow, exact solutions for a two-dimensional flat plate airfoil are given in NACA 
Report 846 by Garrick and Rubinow (1946). Solutions for a rectangular wing of aspect-ratio- 
4 oscillating in pitch at M = 1.30 about the 41.3% chord are presented in NACA TN 3076 by 
Nelson, et ai. (1954). Several cases have been run with CAP-TSD for the rectangular wing. 
Since the inboard portion of the wing has two dimensional flow, the inboard solutions can be 
compared to the 2-0 results of Garrick. and Rubinow. . The comparison for unsteady lift is shown 
in figure 5. The agreement with the exact solution up to k = 1.0 is excellent. 

0 
C 

'a 2 - 

-2 O 3  I mag inar y 

0 .2 .4 .6 .a 1.0 

k 

Figure 5 
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COMPARISON OF CAP-TSD AND EXACT LINEAR THEORY 
FLAT PLATE WING, PITCHING ABOUT 41.3% C, M = 1.30, K = 0.111 

For the oscillating rectangular wing of aspect ratio 4 at M = 1.30, the spanwise distribution of 
lift magnitude and phase over the wing for K = 0.116 is shown in figure 6. Good agreement is 
evident with some slight overprediction at the tip. Note that the phase angle is shown with a 
highly expanded scale. These cases indicate that the overall loading is well reproduced by CAP- 
TSD in supersonic unsteady flows. 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
F-5 MODEL, STEADY FLOW, M = 1.10, a o  = 0" 

The first comparisons with experimental data are for an F-5 wing model tested by the Dutch 
NLR. The F-5 wing model is a typical supersonic wing with a panel aspect ratio of 1.58, a 
leading edge sweep angle of 31.9" and a taper ratio of 0.28. The airfoil section is a modified 
NACA 65A004.8 which has a slightly drooped nose and is symmetric aft of 40% chord. Subsonic 
and transonic calculations for this model have been made previously by several investigators 
using TSD codes and have been in generally good agreement with the experimental data. 
Calculations with CAP-TSD are compared with steady flow data for a0 = 0" and for Mach 
numbers of 1.1 0 in figure 7. Generally good agreement is demonstrated. There is a shock on the 
lower surface near the leading edge which is swept aft slightly more than the leading edge. Some 
deviation of the results obtained with CAP-TSD from the data in this region is noted. 
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Figure 7 
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ORIGINAL PAGE IS 
OF POOR QUALITY 

COMPARISON OF CAP-TSD AND EXPERIMENT 
F-5 MODEL, STEADY FLOW, M = 1.32, a o  = 0" 

Corresponding calculations for the F-5 wing at M = 1.32 are shown in figure 8. Generally good 
agreement is also evident at this higher Mach number. The shock on the lower leading-edge 
surface that was present for M = 1.1 0 is no longer evident. 

Figure 8 
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COMPARISON OF CAP-TSD FL057MG (EULER), AND EXPERIMENT 
F-5 MODEL, STEADY FLOW, M = 1.10, uo = 0" 

A further comparison for M 5 1.1 0 with a steady-flow Euler code (FL057MG) is given in figure 
9. The Euler calculation uses a C-type grid which wraps around the nose of the airfoil and is 
able to resolve the leading-edge shock in more detail. The pressures over the remainder of the 
wing are in reasonable agreement taking into account the coarseness of the grid for the Euler 
calculation (approximately 24,000 points). 

- 1 = 0.49 r ,- FL057MG 

.2 

-cp 0 

0 .2 .4 .6 .8 1.0 

x Jc 
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1 = 0.84 
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0 .2 .4 .6 .8 1.0 
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Figure 9 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
F-5 MODEL OSCILLATING IN PITCH ABOUT 50% Cr 

M = 1.10, k = 0.116, a o  = O", a1 = 0.267' 
UPPER SURFACE 

Unsteady pressures are calculated with CAP-TSD for one reduced frequency for each of these two 
Mach numbers for the F-5 model wing. Upper and lower surface pressures are compared with 
experiment separately. The upper surface pressures for M = 1.1 0 and k = 0.1 16 are shown in 
figure 10. There is generally good agreement with the data. A typical supersonic loading is 
evident with only modest variations along the chord. 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
F-5 MODEL OSCILLATING IN PITCH ABOUT 50Ym Cr 

LOWER SURFACE 
M = 1.10, k = 0.116, a o  = 0', a1 = 0.267' 

The lower surface pressures corresponding to the upper surface results of the previous figure 
are shown in figure 11. In the region of the lower surface shock, a large peak in unsteady 
loading is apparent which appears to be due to an embedded transonic flow region. CAP-TSD 
gives reasonable trends for this'case even for the very large unsteady loading at the tip station. 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
F-5 MODEL OSCILLATING IN PITCH ABOUT 50% Cr 

UPPER SURFACE 
M = 1.32, k = 0.198, a o  = Oo, a1 = 0.222O 

Unsteady pressures for the upper surface of the F-5 model oscillating in pitch at M = 1.32 are 
shown in figure 12. Again there is generally good agreement with the data in a similar manner 
to the agreement for M = 1.1 0 for the upper surface. 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
F-5 MODEL OSCILLATING IN PITCH ABOUT 50% Cr 

LOWER SURFACE 
M = 1.32, k = 0.198, cco = Oo, CCI = 0.222O 

The lower surface pressures for the F-5 model at M = 1.32 are presented in figure 13. The 
large peak near the leading edge that was evident at M = l.10 does not appear in these results. 
Generally good agreement with the data is again obtained. 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
RAE TAILPLANE MODEL, STEADY FLOW, M = 1.20, a o  = 0.0" 

The RAE tailplane model was built and tested by the British RAE. The tailplane is a planform 
that is typical of a tailplane for a supersonic fighter. It has a panel aspect ratio of 1.20, a taper 
ratio of 0.27, and a leading-edge sweep angle of 50.2". The airfoil is approximately a NACA 
64A010.2 which is thicker (10.2% thick) than is typical for supersonic wings. Only upper 
surface pressures were measured for this model. 

Calculated steady results from CAP-TSD for ao = 0' and M = 1.20 are compared with measured 
pressures in figure 14. The measured pressures shown are the mean values measured at 3 Hz 
(k < 0.015) as steady pressures were not measured for these Mach numbers. The agreement is 
quite good at all five span stations. 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
RAE TAILPLANE MODEL, STEADY FLOW, M = 1.71, (XO = 0.14' 

i 
.6 

Experiment (RAE) 
i I 

The calculated steady results for M = 1.32 are compared with the experimental results in 
figure 15. Here the agreement is good inboard, but some deviation is shown near the tip. 
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COMPARISON OF CAP-TSD, FL057MG (EULER) AND EXPERIMENT 
RAE TAILPLANE MODEL, .STEADY FLOW, M I 1.71, a o  = 0.14' 

Corresponding calculations for M = 1.71 with FL057MG using the Euler equations are presented 
in figure 16. The results from CAP-TSD and the Euler results are in close agreement. The 
results from FL057MG also show the deviation from the data near the tip. 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
RAE TAILPLANE MODEL OSCILLATING IN PITCH ABOUT 68% Cr 

M = 1.20, K = 0.346, 010 = O", 011 = .378" 

Unsteady pressures for pitching oscillations of the RAE tailplane model at M = 1.20 and 70 Hz 
are presented in figure 17. Good overall agreement for the in phase (or real) data is obtained 
but the out-of-phase components (imaginary) are under predicted somewhat. As previously 
indicated, pressures were measured only on one surface. 

.4 Experiment (RAE) 

- .2 

0 

-.2 

-% 

- . 4 1  I , , , , , 
1. 6 = 0.66 f 6 = 0.42 ?I = 0.84 A 

r r 

.4 1 

-.4 - 
0 .2 .4 .6 .8 1.0 

x lc  

0 .2 .4 .6 .8 1.0 
x l c  

Figure 17 



COMPARISON OF CAP-TSD AND EXPERIMENT 
RAE TAILPLANE MODEL OSCILLATING IN PITCH ABOUT 68% Cr 

M = 1.71, K = .270, a o  = .14O, = ,570' 

The unsteady results for the tailplane oscillating at 70 Hz at M = 1.71 are shown in figure 18. 
The agreement is comparable to that of M = 1.20. The unsteady loading has less of a peak near 
the leading edge for M = 1.71 than for M = 1.20. 
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COMPARISON OF CAP-TSD AND EXPERIMENT 
RAE TAILPLANE MODEL M = 1.71, a0 = 5.14, STEADY FLOW 

I 

Some measurements were made at 5" mean angle of attack for this model. Pressures on the 
lower surface were obtained by testing the upper surface at the corresponding negative angle of 
attack. The steady pressures for ao = 5" and M = 1.71 are compared with results from CAP- 
TSD in figure 19. Both the thickness loading and the pressure difference are reasonably well 
predicted even at this large angle of attack and Mach number. Again some deviation of the 
results from the data is evident on the upper surface ne'ar the tip. 
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7 

CONCLUDING REMARKS 

A transonic unsteady aerodynamic and aeroelastic analysis code called CAP-TSD has been 
developed for application to realistic aircraft configurations. The new code now permits the 
calculation of unsteady flows about complete aircraft configurations for aeroelastic analysis in 
the flutter critical transonic speed range. It uses an AF algorithm that has been shown to be very 
efficient for steady or unsteady transonic flow problems including supersonic freestream flows. 

Results were presented for several wings that demonstrate the applicability of CAP-TSD for 
supersonic flows including embedded transonic flows. Comparisons with known exact analytical 
solutions from linear theory demonstrated that CAP-TSD gives reasonably good fidelity to 
approximating weak shock waves, but with smearing of strong discontinuities. Unsteady lift 
was well predicted for a two-dimensional flat plate airfoil and for an oscillating rectangular 
wing. CAP-TSD results for the thin F-5 wing were in good overall agreement with 
experimental steady and unsteady pressures and with a steady flow Euler code. One case with an 
embedded swept shock near the lower surface leading edge indicated that embedded transonic 
flows can be treated. Results for the RAE tailplane model were in good agreement with the 
measured data for both steady and unsteady cases, and with a steady calculation with an Euler 
code. Good agreement was also found for a steady flow case at a Mach number of 1.71 and five 
degrees mean angle of attack. The present study has demonstrated the applicability of the CAP- 
TSD code to flows with supersonic freestream with favorable comparisons of selected cases. 
Improvements to the shock capturing characteristics and the supersonic outer boundary 
conditions for supersonic flows are desirable. (Fig. 20.) 
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ABSTRACT 

A t r a n s o n i c  e q u i v a l e n t  s t r i p  (TES) method has 
been f w t h e r  developed f o r  uns teady  f l o w  computa- 
t i o n s  o f  a r b i t r a r y  w ing  planforms. The TES method 
cons is t s  o f  two c o n s e c u t i v e  c o r r e c t i o n  s t e p s  t o  a 
g i v e n  n o n l i n e a r  code such  as LTRAN2; namely, t h e  
cho rdw ise  mean-f low c o r r e c t i o n  and t h e  s p a n w i s e  
p h a s e  c o r r e c t i o n .  The c o m p u t a t i o n  p r o c e d u r e  
r e q u i r e s  d i r e c t  pressure i npu t  f r o m  o t h e r  computed 
o r  measured d a t a .  O the rw ise .  i t  does no t  r e q u i r e  
a i r f o i l  shape  o r  g r i d - g e n e r a t i o n  f o r  g i v e n  
p lan fo rms .  To v a l i d a t e  the  computed r e s u l t s ,  f o r r  
swep t ,  t a p e r e d  w ings  o f  v a r i o u s  a s p e c t  r a t i o s ,  
i n c l u d i n g  those w i t h  c o n t r o l  surfaces, a r e  se lec ted  
as c o m p u t a t i o n a l  e x a m p l e s .  O v e r a l l  t r e n d s  i n  
u n s t e a d y  p r e s s u r e s  a r e  e s t a b l i s h e d  w i t h  t h o s e  
ob ta ined by XTRAN3S codes, I s o g a i ' s  f u l l  p o t e n t i a l  
c o d e  a n d  m e a s u r e d  d a t a  by NLR a n d  RAE. I n  
comparison w i t h  these methods. t he  TFS has a c h i e v e d  
c o n s i d e r a b l e  sav ing  i n  computer t ime and reasonable 
a c c u r a c y  w h i c h  s u g g e s t s  i m m e d i a t e  i n d u s t r i a l  
app l i ca t i ons .  

INTRODUCTION 

C o n s i d e r a b l e  a t t e n t i o n  has been d i r e c t e d  i n  
recen t  years towards the  techno logy  deve lopment  of 
t r a n s o n i c  a e r o e l a s t i c  a p p l i c a t i o n s  w i t h  p a r t i c u l a r  
emphasis on t ranson ic  f l u t t e r  p red ic t i ons .  Based on  
t r a n s o n i c  s m a l l - d i s t u r b a n c e  e q u a t i o n s  (TSDE). 
canpu ta t i ona l  methods f o r  uns teady  t r a n s o n i c  f l o w  
h a v e  been deve loped  e x t e n s i v e l y  b o t h  i n  two  and 
th ree  dimensions, no tab ly  LTRAN2 (now ATRAN2) (Refs. 
1.2) and  XTRAN3S computer codes. Var ious vers ions  
o f  XTRAN3S codes (Refs. 3,4,5) and a nunber o f  f u l l  
p o t e n t i a l  m e t h o d s  ( R e f s .  6,7) a r e  a l l  i n  good 
progress.  Recent ly,  Curuswamy and C o o r j i a n  (Ref .  
3 ) .  a n d  B o r l a n d  and  Sotomayer (Re fs .  4.8) have 
app l i ed  t h e i r  XTAAN3S codes t o  N o r t h r o p  F-5 wing 
p l a n f o r m .  B e n n e t t  e t  a l .  (Re f .  9 )  have a p p l i e d  
Langley XTRAN3S code f o r  a RAE swept wing; Ruo and 
Malone (Ref. 10) have a p p l i e d  t h e  same code f o r  LAWN 

, wing compu ta t i ons .  I s o g a i  and Suetsugu (Re f .  6 )  
have a p p l i e d  t h e i r  f u l l  p o t e n t i a l  code t o  VarlOuS 
planforms i n c l u d i n g  the  ACARD standard RAE wing w i t h  
a n  o s c i l l a t i n g  f l a p .  Most  o f  t h e s e  r e s u l t s  have 
shown good agreement w i t h  t he  measured d a t a  o f  NLR 
and RAE. 

Al though these methods cou ld  produce r e a s o n a b l y  
a c c u r a t e  r e s u l t s ,  c o m p u t a t i o n  e f f i c i e n c y  and t h e  
g r i d  g e n e r a t i o n  p rocedures  r e m a l n  t o  be improved 
b e f o r e  t h e s e  codes can be adop ted  f o r  i n d u s t r i a l  k3 

i 
,Associate Pro fessor ,  Henber A I A A  
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a p p l i c a t i o n s .  F o r  f l u t t e r  p r e d i c t i o n s  a n d  
a e r o e l a s t i c  op t im iza t i ons ,  a more e f f i c i e n t  computer 
code capable o f  r a p i d  computations i s  sought by t h e  
aerospace i n d u s t r i e s ,  s i n c e  cos t -e f fec t i veness  i s  
one o f  t h e i r  main concerns. 

M o t i v a t e d  by t h e s e  cons idera t ions ,  we have s e t  
f o r t h  t o  develop a s imp le  and more e f f i c i e n t  method 
f o r  uns teady ,  th ree-d imens iona l  f l o w  computations. 
O u r  o b j e c t i v e  i s  t o  a c h i e v e :  ( 1 )  c o m p u t a t i o n  
e f f i c i e n c y ,  (2) f l e x i b i l i t y  and ease o f  a p p l i c a t i o n s  
f o r  f l u t t e r  and ( 3 )  a u n i f i e d  s u b s o n i c / t r a n s o n i c  
method f o r  a r b i t r a r y  p l a n f o r m s .  Consequent ly ,  a 
p r e l i m i n a r y  v e r s i o n  o f  t h e  t r a n s o n i c  e q u i v a l e n t  
s t r i p  (TES) method has been deve loped  (Ref .  11).  
The r e s u l t s  ob ta ined f o r  r e c t a n g u l a r - w i n g  s t u d i e s  
show p romise  f o r  t h e  TES f o r m u l a t i o n .  Hence, i t  
p r m p t s  f u r t h e r  development. I n  t h i s  paper, t h e  TES 
method i s  f u r t h e r  developed so t h a t  a l l  procedures 
a r e  autanated f o r  aerodynamic computations. Thus i t  
can be r e a d i l y  adopted by t h e  f l u t t e r  p r e d i c t i o n  and 
the  a e r o e l a s t i c  o p t i m i z a t i o n  programs. To v a l i d a t e  
t h e  p r e s e n t  m e t h o d ,  a f a i r l y  c o m p r e h e n s i v e  
compar i son  w i t h  a v a i l a b l e  d a t a  i s  g i v e n  f o r  a 
number  o f  w i n g  p l a n f o r m s  i n c l u d i n g  t h o s e  w i t h  
c o n t r o l  surfaces. 

TRANSONIC EQUIVALENT STRIP (TES) METHOD 

The use o f  s t r i p  concept f o r  unsteady t r a n s o n i c  
c o m p u t a t i o n s  was f i r s t  proposed by t h e  ONERA group 
(Ref. 12). A s i m i l a r  s t r i p  approach, b u t  i n v o l v i n g  
q u a s i - s t e a d y  a p p r o x i m a t i o n s ,  was r e c e n t l y  
imp lemented a t  NLR ( R e f .  1 3 ) .  I n  b o t h  c a s e s ,  
however ,  o n l y  w i n g  planforms o f  l a r g e  aspec t - ra t i o  
a r e  t r e a t e d  and p o s s i b l e  a p p l i c a t i o n s  o f  t h e i r  
methods t o  l o w  a s p e c t - r a t i o  w i n g s  a r e  n o t  f o r t h -  
caning. By c o n t r a s t ,  t h e  p r e s e n t  TES method has 
deve loped  a more genera l  scheme which cou ld  handle 
a r b i t r a r y  planforms i n c l u d i n g  o s c i l l a t i n g  c o n t r o l  
surf aces. 

Correctioh Procedures 

S p e c i f i c a l l y .  t h e  present method c o n s i s t s  o f  t he  
a p p l i c a t i o n s  o f  two c o r r e c t i o n  s teps  t o  a g i v e n  t w o  
d i m e n s i o n a l  code; i t  cou ld  be a non l i nea r  code such 
as LTRAN2 o r  i t  cou ld  be a t ime  l i n e a r i z e d  one. The 
b a s i c  c o r r e c t i o n  s t e p s  a re :  ( 1 )  t h e  mean- f low 
c o r r e c t i o n  a p p l i e d  i n  t h e  c h o r d w i s e  d i r e c t i o n  and 
( 2 )  t h e  phase c o r r e c t i o n  i n  t h e  spanwise d i r e c t i o n  
(see F i g .  1 f o r  f l o w  c h a r t ) .  The f i r s t  c o r r e c t i o n  
is f u l l y  au tomated by a n  i n v e r s e  design procedure 
(IAF2 code)  i n  t h a t  t h e  l o c a l  shock  s t r u c t u r e  i s  
p r o p e r l y  recovered accord ing  t o  t h e  g i ven  mean f l o w  
i n p u t  p rov ided by a se lec ted  canpu ta t i ona l  method o r  
by  m e a s u r e d  d a t a .  I n  t h i s  i n v e r s e  prob lem,  as  
so lved by Fung and  Chung ( R e f .  1 4 ) .  t h e  v e l o c i t y  
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ORIGINAL PAGE IS 
OF POOR QUALITY 

p o t e n t i a l  fran integrat ing t h e  pressure on the s l i t  
representing an a i r f o i l  is known up t o  an a r b i t r a r y  
c o n s t a n t .  To determine t h i s  c o n s t a n t ,  a closure 
condi t ion  i s  imposed, e . g . ,  t h e  r e s u l t i n g  s l o p e  
d i s t r i b u t i o n  being e q u i v a l e n t  t o  a c losed  body. 
T h i s  constant is being updated during t h e  numerical 
i t e r a t i o n  p r o c e s s  u n t i l  a c o n v e r g e d  s o l u t i o n  
s a t i s f y i n g  t h e  c l o s u r e  requirement  I s  o b t a i n e d .  
Once t h e  s l o p e  d i s t r i b u t i o n  of the new equivalent 
a i r f o i l  is found and t h e  s t e a d y  flow f i e l d  f i x e d ,  
unsteady responses can then be calculated by varying 
the s lopes t o  account f o r  unsteady motions. The 
l a t t e r  s t e p  can be accomplished by applying LTRANZ 
code t o  the equivalent a i r f o i l .  

For t h e  second c o r r e c t i o n ,  we make use of the 
three-dimensional l i n e a r  wave analogy i n  t h e  s e n s e  
t h a t  t h e  phase angles  a r e  red is t r ibu ted  along the 
span according t o  t h e  phys ica l  model of a c o u s t i c  
wave propagat ions  i n  a uniform medium. T h i s  is t o  
say tha t  while  t h e  f i r s t  c o r r e c t i o n  accounts  f o r  
reproducing t h e  nonl inear  s t r u c t u r e  of '  the three- 
dimensional mean f low,  t h e  second c o r r e c t i o n  i s  
responsible f o r  the adjustment of the spanwise phase 
l a g  of t h e  p r e s s u r e  according t o  an e q u i v a l e n t  
l i n e a r  t h r e e - d i m e n s i o n a l  flow. I n  p r a c t i c e ,  a 
t y p i c a l  l i f t i n g  s u r f a c e  method s u c h  a s  Double t  
L a t t i c e  code (Ref .  15) i s  adopted f o r  t h e  second 
correction. Clear ly ,  shock waves cannot be c r e a t e d  
or destroyed by any process of these corrections. 

We should note that  the present  terminology of 
" s t r i p  method" is  def ined  only by t h e  s t r i p w i s e  
computation procedwe and is otherwise i r re levant  t o  
t h e  c l a s s i c a l  s t r i p  theory .  T h e  above correction 
procedures c l e a r l y  i n d i c a t e  t h a t  t h e  present  TES 
approach i s  e q u i v a l e n t l y  three-dimensional, s ince 
there  is no r e s t r i c t i o n  t o  the wing aspect-rat io .  

J u s t  i f i c a t  i on 

I t  has  been pointed out  by Fung and Lambourne 
(Ref. 16.17) ,  among o thers ,  tha t  an accurate steady 
s t a t e  w i t h  c o r r e c t  s h o c k  j u m p  and l o c a t i o n  i s  
e s s e n t  l a 1  for  correct unsteady aerodynamic computa- 
t ions.  I t  is believed that  TSDE i n  general should be 
adequate  f o r  computation of unsteady disturbances, 
which a r e  acoust ic  s i g n a l s  assumed t o  be small  i n  
c o n v e n t i o n a l  f l u t t e r  a n a l y s i s .  However, when 
applying TSDE methods, inaccuracy may occur as  a 
r e s u l t  of the loca l  f a i l u r e  a t  the wing leading edge 
and t h e  l imi ta t ion  i n  t h e  p r e d i c t i o n  of t h e  shock 
s t r e n g t h .  S ince  an accurate steady s t a t e  pressure 
f i e l d  i s  d e s i r e d ,  an a l t e r n a t i v e  i s  t o  f i n d  t h e  
a i r f o i l  s l o p e s ,  o r  e q u i v a l e n t l y  the a i r f o i l ,  tha t  
corresponds t o  a given pressure d is t r ibu t ion .  T h i s ,  
i n  t u r n ,  suggests the inverse design procedure used 
i n  the f i r s t  correction. 

Meanwhile, t h e  unsteady aerodynamics of wing 
f l u t t e r  a t  t r a n s o n i c  speed i s  complicated by t h e  
embedded supersonic region. Disturbances downstream 
cannot be f e l t  d i r e c t l y  a t  an upstream poin t .  As a 
r e s u l t .  the  phase l a g  between unsteady motion of t h e  
wing and c o r r e s p o n d i n g  aerodynamic  r e s p o n s e  
i n c r e a s e s  a s  t h e  s u p e r s o n i c  reg ion  g e t s  l a r g e r  
While t h i s  e f f e c t  i s  important  i n  t h e  chordwise  
d i r e c t i o n  of a wing, t h e  e x i s t e n c e  of supersonic 
region should not a f fec t  the way an acous t ic  s i g n a l  
p r o p a g a t e s  i n  t h e  spanwise d i r e c t i o n .  W i t h  t h e  
exception of highly-swept wings, t h e  f low-induct ion 
e f f e c t  i n  the spanwise direct ion should  be subsonic 
i n  nature .  I t  i s  t h e r e f o r e  conceivable  t h a t  t h e  
c o r r e l a t i o n  between t h e  aerodynamic responses a t  
d i f f e r e n t  spanwise s t a t i o n s  i s  a l i n e a r  one a s  
assumed i n  convent ional  f l u t t e r  analysis ,  and that  
the unsteady aerodynamic responses due t o  s t ruc tura l  
d e f o r m a t i o n s  of a wing a t  t r a n s o n i c  speeds a r e  

s i m i l a r  i n  n a t u r e  t o  t h o s e  a t  t h e  cor responding  
subsonic speeds, except i n  the streamwise direct ion.  

ANALYSIS 

Governing Equations 

The simplest form of the time-dependent t h r e e -  
dimensional TSDE can be expressed a s  

where 
A - M: k'/6"' , 

K - (l-M:)/6"', r - ( Y + l ) H :  and 

B - M: k/6"'. c = K - r Q x ,  

D - cp/b'6"'. 

The nondimensional q u a n t i t i e s  and coordinates a re  
defined as  

(x,y.z) - C;/C, i / b ,  ~ b " ' / c ) ,  

t - t w  and k = uC/U- , 
- 

where a l l  barred symbols denote  t h e  t rue physical  
q u a n t i t i e s ,  parameters c. b, 6 and w represent the 
root  chord, t h e  semi-span, t h e  a i r f o i l  th ickness  
r a t i o  and t h e  c i r c u l a r  f requency of o s c i l l a t i o n ,  
respect i vel y . 

T h e  p o t e n t i a l  @ c a n  be  s p l i t  i n t o  t w o  
components, i .e.,  

0 - 9 0 ( x . z , t )  + @I(X,y,Z, t ;Aa)  ( 2 )  

where Q o  s a t i s f i e s  t h e  nonl i n e a r ,  two-dimensional 
equat ion  ( s e t  D = 0 i n  E q .  ( 1 ) )  as can be solved by 
LTRANP c o d e ;  i s  t h e  c o r r e c t i o n  p o t e n t i a l  
a c c o u n t i n g  f o r  t h e  t h r e e - d i m e n s i o n a l  e f f e c t  
a t t r ibu ted  t o  a small unsteady d i s t u r b a n c e  due t o  
t h e  ampli tude Bo. The three-dimensional unsteady 
disturbance is  assumed t o  be smal l  a s  compared t o  
t h e  two-dimensional one a t  a l l  times; hence, the 
nonlinear term i n  the  e,-equatian can be n e g l e c t e d ,  
resu l t ing  i n  a l i n e a r  equation f o r  Q,, i .e. 

Forewing physical argument i n  the  TES method allows 
f o r  fur ther  s i m p l i f i c a t i o n  of E q .  ( 3 )  b y  i g n o r i n g  
t h e  coupl ing  term ( e o  QIx) . I n  so doing, Eq.  ( 3 )  
is  reduced t o  the acoust ic  e&ation,  where 9, can be 
s imply so lved  by t h e  conventional subsonic l i f t i n g  
surface method (Ref. 15). 

To f u r t h e r  j u s t i f y  t h e  spanwise connect ion 
p r o c e d u r e ,  i t  i s  h e l p f u l  t o  i n v e s t i g a t e  t h e  
charac te r i s t ic  surfaces  due t o  E q .  ( 1 1 ,  

Expressed i n  t h e  dimensional form and for  t > 0 ,  Eq .  
(4) can be recas t  i n t o  a general form. s e e  Fig. 2A 

where A '  - 1 , f o r  l inear ized subsonic flow, 

A '  - l - ( Y + l ) M I M t  , f o r  t ransonic  flow. 
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!!fined a s  M = +-/am; h e n c e ,  A Z  m u s t  be positi&8;.PooR QUALITY 
z e r o .  Eq. ( 5 )  i n b c a t e s  t h a t  t h e  t r a v e l i n g  s o u r c e  (- 
of  s m a l l  d i s t u r b a n c e  i s  e m i t t e d  f r a n  ( U _ t . 0 , 0 )  a t  

P i  - Pjk 1 / aJ 

t h e  i n s t a n t  t ,  w h o s e  wav8 f r o n t  i s  a schere  f o r  
l i n e a r i z e d  s u b s o n i c  f l o w  a n d  a n  e l l i p s o i d  f o r  
t r a n s o n i c  f l o w  ( F i g .  2A). Hence,  t h e  e x p a n d i n g  wave 
f r o n t s  p r o p a g a t e  a t  wave s p e e d p  i n - t h e  chordwi_se- 
and s p n w i s e - s t r i p  p l a n e s ,  f o r  y - y .  a n d  x - x i ,  
r e s p e c t i v e l y ,  w i t h  

I 

( c h o r d w i s e )  

and 

N o t e  t h a t  a t  x i  = ~ _ t  or  y i  - 0, t h e  r a t e  of 
p r o p a g a t i o n  becomes i d e n t i c a l l y  s o n i c ;  o t h e r w i s e  i t  
i s  t i m e - d e p e n d e n t  . M o s t  i m p o r t a n t l y ,  a l o n g  t h e s e  
s t r i p  p l a n e s ,  t h e  e v e n t  d i a g r a m s  ( x - t  d i a g r a m s )  
c l e a r l y  s h o w  t h a t  w h i l e  t h e  p r o p a g a t i o n  i n  t h e  
c h o r d w i s e  s t r i p  p l a n e  is of  m i x e d  t y p e  w h i c h  c o u l d  
be e i t h e r  l o c a l l y  s u b s o n i c  or s u p e r s o n i c ,  d e p e n d i n g  
o n  t h e  d i f f e r e n c e  between a_ and  U _ ,  t h e  p r o p a g a t i o n  
i n  t h e  s p a n w i s e  s t r i p  is u n c o n d i t i o n a l l y  s u b s o n i c , ,  
w h i c h  i s  i n d e p e n d e n t  o f  t h e  am anG U m  r e l a t i o n s  
( F i g .  2 6 ) .  

Boundary Condi  t i o n s  

On t h e  mean  s u r f a c e  of t h e  w i n g  p l a n f o r m  t h e  
p o t e n t i a l s  mus t  s a t i s f y  t h e  t a n g e n c y  c o n d i t i o n ,  i .e. 
a t  z = 0, 

Oo,  = 6 F x ( x , y i )  + a. + a l * ( H x  + k H t )  , (6) 

(7) O l z  - Aa - ( H x +  k H t )  , 

w h e r e  F ( x . y  ) i s  t h e  s t r i p w i s e  w i n g  s u r f a c e  
g e o m e t r y ,   is t h e  " i t h "  s p a n w i s e  l o c a t i o n ,  no is 
t h e  mean a n g i e  o f  a t t a c k ,  a n d  H ( x , t )  d e p i c t s  t h e  
w i n g  m o t i o n  w i t h  o s c i l l a t i o n  a m p l i t u d e  a 1  + Aa. 
W h i l e  Aa is  t h e  s m a l l  a m p l i t u d e  w h i c h  i n d u c e s  t h e  
t h r e e - d i m e n s i o n a l  u n s t e a d y  d i s t u r b a n c e s ,  Aa is 
a c t u a l l y  r e l a t e d  t o  t h e  two-d imens iona l  a m p l i t u d e  a l  
by Aa = o ( a l ) .  

O u t s i d e  o f  t h e  w i n g  p l a n f o r m ,  t h e  p o t e n t i a l  + 
m u s t  s a t i s f y  t h e  r a d i a t i o n  c o n d i t i o n  i n  t h e  l a te ra l  
and  t h e  ups t r eam f a r  f i e l d s .  The z e r o  p r e s s u r e  jump 
c o n d i t i o n  across  t h e  wake  s h e e t  a n d  a l o n g  w h i c h  
t h e r e  is no f l o w  d i s c o n t i n u i t y  m u s t  be  m a i n t a i n e d .  
Also,  a n  u n s t e a d y  p r e s s u r e  wave mus t  a t t e n u a t e  f a r  
downs t r eam.  S i n c e  t h e s e  b o u n d a r y  c o n d i t i o n s  a r e  
l i n e a r i z e d  c o n s i s t e n t  w i t h  t h e  s m a l l - d i s t u r b a n c e  
a s s u m p t i o n ,  e x p r e s s i o n s  f o r  a n d  b e c o m e  
d e c o u p l e d .  T h u s ,  i t  r e n d e r s  t h e  c o r r e c t i o n  S t e p s  t o  
be a p p l i e d  i n  a c o n s e c u t i v e  manner .  

P r e s s u r e  C o e f f i c i e n t s  

Due t o  a small  o s c i l l a t o r y  a m p l i t u d e  a ,  t h e  
p r e s s u r e  c o e f f i c i e n t  c a n  be  decomposed i n t o  

- 
+ A cP' a 

c - c  
P P  

w h e r e  c is t h e  s t e a d y  mean p r e s s u r e  c o e f f i c i e n t  and  
Ac is !he u n s t e a d y  p r e s s u r e  c o e f f i c i e n t  d e f i n e d  as 

P 

(8) 

w i t h  P a n d  P e  d e n o t i n g  t h e  p r e s s u r e  a t  u p p e r  a n d  
lower ' s u r f a c e s ,  t h e  s u p e r s c r i p t  j - 9 . ,  N a n d  "9." 
d e n o t e s  t h e  l i n e a r  s u b s o n i c  v a l u e s  a n d  "N" d e n o t e s  
t h e  n o n l i n e a r  t r a n s o n i c  v a l u e s .  C l e a r l y ,  

N a - a ,  a n d  a' - ha 

I n  terms of t h e  s t r i p  c o n c e p t ,  Eq .  (6) c a n  b e  
w r i t t e n  a s  

Ac J = c ,  p i  ( x , y , z ; k )  , (9) 
PI 

w h e r e  c ,  a n d  c ,  a r e  c o n s t a n t s  and  t h e  s u b s c r i p t s  0 
a n d  1 d e n o t e ,  r e s p e c t i v e l y ,  t h e  t w o - d i m e n s i  o n a l  
s t r i p  v a l u e  a n d  t h e  t h r e e - d i m e n s i o n a l  v a l u e  a t  t h e  
s p a n w i s e  l o c a t i o n  y - y . .  W h i l e  t h e  f i r s t  
c o r r e c t i o n  i s  a p p l i e d  a t  the l e v e l  of Eq. ( E ) ,  the  
s p a n w i s e  c o r r e c t i o  is  i m  l i e d  by t h e  p r e s s u r e - m o d e  
r e l a t i o n  between 2 a n d  po 9 .  which can  be e x p r e s s e d  as' 

p;' - p i  f J ( y ; k )  . (11) 

A c c o r d i n g  t o  t h e  f o r e g o i n g  a r g u m e n t s  of wave 
p r o p a g a t i o n s  i n  t h e  str ipuise c h a r a c t e r i s t i c  p l a n e ,  
t h e  n o n l i n e a r  s p a n w i s e  pressure f u n c t i o n  f (y;&) c a n  
be a p p r o x i m a t e d  by i t s  l i n e a r  c o u n t e r p a r t  f ( y ; k )  
t h r o u g h o u t  t h e  spanwi  se  c o r r e c t i o n  p r o c e d u r e .  

I n  p a s s i n g ,  we n o t e  t h a t  i n  a l l  t h e  f i g u r e s  
p r e s e n t e d ,  Ac ' and Ac a r e  t h e  rea l  a n d  i m a g i n a r y  
parts o f  t h e  u h t e a d y  p P e s s u r e  Ac r e p r e s e n t i n g  t h e  
i n - p h a s e  a n d  o u t - o f - p h a s e  p r e s s u r &  c o e f f i c i e n t s .  

RESULTS AND DISCUSSION 

To d e m o n s t r a t e  t h e  p r e s e n t  TES 'method a n d  t o  
v a l i d a t e  i ts  c m p u t e d  r e s u l t s ,  f o u r  d i f f e r e n t  w i n g  
p l a n f o r m s  are selected f o r  compar i son  w i t h  a v a i l a b l e  
d a t a .  T h e s e  i n c l u d e  N o r t h r o p  F-5 Wing  i n  p i t c h i n g  
m o t i o n  a n d  w i t h  a n  o s c i l l a t i n g  f l a p ,  L A N N  wing i n  
p i t c h i n g  m o t i o n ,  RAEIACARD t a i l p l a n e  i n  p i t c h i n g  
m o t i o n  a n d  AGAR0 s t a n d a r d  R A E  w i n g  w i t h  a n  
o s c i l l a t i n g  f l a p .  The s e c t i o n s  s e l e c t e d  a r e  g i v e n  
i n  t h e  t a b l e  1 below: 

T a b l e  1 S e l e c t e d  Wing S e c t i o n s  

~~ ~~ 

P l a n f o r m s  S e c t i o n s  / Sen i -Span  I 
- ~~~ ~ ~ 

F-5 Wing 1. 2, 3, 5, / 18.1, 35.2, 51.2, 72.1, 
6, 7, 8 1 8 1 . 7 ,  87.5, 97.7 

2, 3, 4, / 32.5, 47.5, 65.0 
5, 6 / 82.5, 95.0 

L A N N  Wing 

RAE T a i l p l a n e  1, 2, 3, 5 / 14.0, 42.0, 66.0, 96.0 

S t e a d y  Mean-Flow Results: E q u i v a l e n t  Airfoil D e s i g n  

F o r  a l l  s t e a d y  m e a n - f l o w  p r e s s u r e  d e s i g n  
o u t p u t s ,  t h e  p r e s e n t  computed r e s u l t s  u s i n g  t h e  IAF2 
c o d e  f o r  e q u i v a l e n t  a i r f o i l  d e s i g n  a r e  s h o w n  by 
s o l i d  l i n e s ,  whereas  t h e  i n p u t  d a t a  i n  g e n e r a l  a r e  
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shown by open symbols. Figure 3A and 3B display the 
p r e s s u r e  i n p u t s  f o r  upper and lower s u r f a c e s  a t  
s e l e c t e d  sec t ions  l i s t e d  above a t  M m  - 0.9 for  L A N N  
wing and F-5 wing based on N L R ' s  measured  d a t a  
(Refs .  18,191.  For t h e  case  of F-5 wing a t  M I  - 
0.95, i t  can be seen from F i g u r e  3C t h a t  f*stronglf  
shock occurs  near t h e  wing t r a i l i n g  edge. Hence 
sane care  m u s t  be e x e r c i s e d  t o  i n p u t  t h e  p r e s s u r e  
d a t a .  To demonstrate  t h e  f l e x i b i l i t y  of the TES 
method, we adopt t h e  computed r e s u l t s  of XTRAN3S- 
Ames (Ref .  3) a s  our pressure i n p u t s .  Notice that  
minor discrepancies between i n p u t  and output resu l t s  
appear behind the mean shock. Figure 1 O A  shows the 
canparison of i n p u t  d a t a  measured by R A E  (Ref .  9 )  
and the TES output r e s u l t s  for  a R A E  t a i lp lane  a t  MI 
= 0.9.  F igure  1 1  p r e s e n t s  the  s t e a d y  p r e s s u r e s  
f o r  t h e  R A E  wing a t  45% spanwise locat ion using the 
canputed r e s u l t s  of t h e  Bailey-Ballhaus code ( o r  
G A C B O P P E  code)  a s  i n p u t s ,  as no measured data were 
provided for  t h i s  sect ion i n  Ref. 20. For a l l  cases 
Considered,  t h e  comparison between the i n p u t  data 
and the output  computed r e s u l t s  a r e  g e n e r a l l y  i n  
good a p e m e n t .  

Unsteady Pressure Results! LTRANPITES Computations 

For unsteady computat ions,  t h e  LTRANZ code is 
adopted a s  our computation b a s i s  because of i t s  
i n c l u s i o n  of nonl inear i ty  and ease of application. 
In a l l  f i g u r e s  presented f o r  unsteady p r e s s u r e s ,  
s o l i d  l ines  denote  the present TES method, where- 
l i n e s  a t t a c h e d  w i t h  t r i a n g u l a r  symbols r e p r e s e n t  
v a r i o u s  v e r s i o n s  of XTRAN3S c o d e s ,  w i t h  t h e  
exception of Figure 1 1 .  The open square and c i r c l e  
symbols denote the N L R  op R A E  measured data for  in- 
phase and out-of-phase pressures, respectively. 

F igures  4, 5 and 6 contain unsteady r e s u l t s  a t  
various spanwise s e c t i o n s  of Northrop F-5 wing i n  
p i t c h i n g  o s c i l l a t i o n  a t  M - 0.9 and a t  given 
reduced Frequencies  k - 0.274. 0 . 5 5  and 0 .136 ,  
respect ively.  Figure7 Sresents  the unsteady r e s u l t s  
for  the  same wing I n  p i t c h i n g  o s c i l l a t i o n  a t  MI - 
0.95. The p i t c h i n g  axes for  a l l  cases of F:5 wing 
a r e  located a t  50% root  chord. For a l l  cases  a t  MI 
= 0.9, i t  can be observed tha t  the present r e s u l t s  
p r a c t i c a l l y  fo l low t h e  same t r e n d  a s  t h o s e  o f  
XTRAN3S codes.  B e t t e r  c o r r e l a t i o n s  a r e  found a t  
l o w e r  f r e q u e n c i e s  t h a n  f o r  t h o s e  a t  h i g h e r  
f r e q u e n c i e s .  I n  F i g u r e  5 ,  overpredicted uns teady  
shock appears i n  sec t ion  5 which s u g g e s t s  t h a t  t h e  
three-dimensional, wave cancelling mechanism ac ts  a t  
high f requencies  more e f f e c t i v e l y  than a l o c a l l y  
two-dimensional one. I n  F i g u r e  7, t h e  resu l t ing  
unsteady p r e s s u r e s  a t  MI - 0.95 a p p e a r  a l s o  t o  
fol low t h e  same t r e n d  a s  those  of N L R  and XTRAN3S 
code, except t h a t  t h e  unsteady shock s t r e n g t h  is 
a g a i n  o v e r p r e d i c t e d  by t h e  present  method. To 
invest igate  t h i s  problem f w t h e r ,  we change over t h e  
p r e s s u r e  input  as  p r e d i c t e d  by XTRAN3S t o  the N L R  
measured data  which c o n t a i n s  a weaker mean shock. 
A s  shown i n  F i g u r e  8 ,  t h e  unsteady p r e s s w e s  are 
indeed improved near  t h e  shock and a r e  o therwise  
unaf fec ted .  T h i s  f u r t h e r  v e r i f i e s  ow contention 
t h a t  the steady shock s t rength and posi t ion a r e  t h e  
most crucial  for  unsteady pressure predictions. 

Figure 9 presents the in-phase and out-of-phase 
p r e s s u r e s  of t h e  L A N N  wing w i t h  p i t c h i n g  a x i s  
located a t  62% root  chord. Throughout f i v e  spanwise 
locat ions considered, the  present results f o r  upper- 
surface compare more favorably w i t h  the N L R  measured 
d a t a  t h a n  do t h e  XTRAN3S r e s u l t s .  Meanwhile, 
subcr i t ica l  flows a r e  predicted f o r  lower s u r f a c e s ;  
hence,  t h e  unsteady pressures do not contain shock- 
j u n p .  F igure  10 p r e s e n t s  p r e s s u r e  r e s u l t s  fo r  a 

highly-swept R A E  t a l lp lane  of A - 50.2' a t  M m  = 0.9 
and a t  z e r o  mean inc idence .  Because t h e  present  
method uses tne measured data i n p u t s ,  i t  can be seen 
t h a t  t h e  p r e d i c t e d  u n s t e a d y  shock  p o s i t i o n s  
c o r r e l a t e  b e t t e r  w i t h  t h e  R A E  d a t a  than do t h e  
XTRAN3S r e s u l t s .  I t  should be caut ioned t h a t  2 q .  
( 1 )  may n o t  be s u i t a b l e  f o r  w i n g s  w i t h  l a r g e  
sweepback angles, as  the s i d e  wash could be of the 
same order  a s  t h e  mean convect ive v e l o c i t y .  One 
would t h e r e f o r e  expect t h a t  f o r  both s t e a d y  and 
unsteady f low,  d i s c r e p a n c i e s  w i l l  occur near the 
wing t i p .  p a r t i c u l a r l y  f o r  w i n g s  w i t h  low aspect  
r a t i o s .  Such d e t e r i o r a t i o n  i n  pressure estimates 
w a s  observed i n  Ref. 9. 

I n  general, overal l  trends of unsteady pressures 
were obtained w i t h  TES method fran Figures 4 t o  10. 
In some cases ,  insuff ic ient  adjustment of the phase 
angle causes  the  underpredic t ion  of t h e  unsteady 
pressure  l e v e l .  I t  i s  be l ieved  that  t h i s  type of 
discrepancy may r e s u l t  fran the l inear  approximation 
inherent I n  the  spanwise correction procedure. 

Osci l la t ing Flap 

FlgUrO 1 1  p r e s e n t s  t h e  computed and measured 
data a t  451 semi-span of A G A R D  s tandard  R A E  wing 
with an o s c i l l a t i n g  f l a p  s t a r t i n g  a t  702 chord. I t  
is  in te res t ing  t o  observe that  t h e  present  r e s u l t s  
and I s o g a l ' s  f u l l  potent ia l  method (Ref. 6 )  a r e  i n  
good a@-ement w i t h  R A E  measured d a t a .  F igure  12 
compares i n -  and out-of-phase pressures a t  two f l a p  
sect ions of F-5 wing a t  Mm - 0.9; the hinge l i n e  i s  
l o c a t e d  a t  82% chord.  Closed agreements a re  found 
w i t h  XTRAN3S resu l t s  of Sotanayer and Borland (Ref .  
8 )  and N L R  measured d a t a  (Ref .  2 1 ) .  I t  should be 
pointed out tha t  i n  presenting the f l a p  o s c i l l a t i o n  
d a t a ,  usual  practice i n  computational methods is  t o  
connect the data p o i n t s  a c r o s s  the  hinge l i n e ,  i n  
t h e  same manner as connecting the shock points; such 
a r e  the cases of Refs. 6 and 8. However, c o n t r o l  
s u r f a c e  s i n g u l a r i t i e s  i n  subsonic  flow have been 
w e l l  e s t a b l i s h e d  by White and Landahl (Ref .  2 2 ) .  
S ince  t h e  f low is assumed invisc id  and is loca l ly  
s u b s o n i c ,  h i n g e  l i n e  s i n g u l a r i t y ,  a s  w e  have 
presented i n  these f igures ,  should prevai l .  

Computation T ime  

I n  performing t h e  f i r s t  c o r r e c t i o n  o f  t h e  
present  TES code (LTRANZ/IAFZ), we used typical ly  
103 x 97 g r i d  points and assigned 240 time s teps  for  
each c y c l e .  Pressure data a r e  read usually i n  t h e  
fourth cycle, as the aerodynamic response normally 
becomes per iodic  or harmonic a f t e r  the t h i r d  cycle. 
Typically, i t  takes T O O  i t e r a t i o n s  t o  a c h i e v e  t h e  
IAF2 s t e a d y  p r e s s u r e  o u t p u t .  I n  an IBM 3081, the 
CPU time lor t h e  f i r s t  c o r r e c t i o n  amounts t o  some 
6 2 0  s e c o n d s .  W i t h  10 x 10 p a n e l s ,  t h e  Doublet 
L a t t i c e  code  r e q u i r e s  40 s e c o n d s ,  w i t h  t h e  
a d d i t i o n a l  p r o c e d u r e ,  t h e  C P U  time amounts t o  
roughly 100 seconds.  Hence, t h e  t o t a l  C P U  t i m e  
r e q u i r e d  f o r  running TES code on one s t r i p  adds up  
t o  720 seconds. T h e  same case ( e . g . ,  Northrop F-5 
w i n g )  computed by XTRAN3S code  would r e q u i r e  
r e p o r t e d l y  2000 t o  4000 seconds C P U  time i n  t h e  
CRAY-IS supercomputer. T h i s  would amount t o  an 
equivalent CPU time i n  an IBM 3081 of about 10 hours 
o r  more. With four  s t r i p s  chosen i n  t h i s  c a s e ,  
present TES method u s u a l l y  t a k e s  u p  no more than 
3000 seconds. Therefore, a saving of about ten- t o  
twelve-fold i n  CPU time can be a c h i e v e d .  W i t h  
f u r t h e r  improvement t o  t h e  T E S  p i l o t  code, i t  is  
expected t h a t  a t  l e a s t  another r e d u c t i o n  f a c t o r  of 
two i n  CPU time can be achieved. 
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CONCLUDING REMARKS 

A TES method has been developed f o r  unsteady 
transonic computations about wing planforms. Four 
s w e p t ,  t a p e r e d  wings of var ious  aspect  r a t i o s  
i n c l u d i n g  c o n t r o l  s u r f a c e s  a r e  s e l e c t e d  a s  
computational examples f o r  v a l i d a t i o n  of the TES 
computer c o d e .  Computed r e s u l t s  o f  TES code  
p r a c t i c a l l y  f o l l o w  t h e  same t r e n d s  as  those  of 
XTRAN3S codes and fu l l -poten t ia l  code; a l l  of them 
have becn v e r i f i e d  w i t h  avai lable  measured data by 
N L R  and R A E .  

In view of the sa t i s fac tory  r e s u l t s  obtained and 
t h e  e f f e c t i v e  procedures e s t a b l i s h e d  by t h e  TES 
method, we b e l i e v e  that i t  i s  useful fo r  immediate 
a c r o e l a s t i c  a p p l i c a t i o n s .  To summar ize ,  t h e  
fo l lowing  s p e c i a l  f e a t u r e s  of the  TES method a r e  
worthy of notice: 

Applicability t o  General Planforms 

In addition t o  i t s  appl icabi l i ty  t o  r p c t a n g u l a r  
w i n g s ,  t h e  TES method i s  e q u a l l y  a p p l i c a b l e  t o  
swept and t a p e r e d  wing planforms with any g i v e n  
aspect-rat io ,  including those w i t h  control surfaces. 

No Need for G r i d  Generation 

Any time-domain three  dimensional computational 
methods g e n e r a l l y  r e q u i r e s  a g r i d  g e n e r a t i o n  
procedure, which could be planform-dependent in most 
cases. The present TES method does not require such 
a procedure. 

Com p u t  a t  i on E f f i c i  ency 

A rough e s t i m a t e  i n  CPU time indicates  that  t o  
compute aerodynamics for  one given mode, us ing  t h e  
present  TES code, is a t  l e a s t  ten times fas te r  than 
using the XTRAN3S code. With further.improvement of 
the  c u r r e n t  TES p i l o t  code, i t  is expected that  a t  
l e a s t  another reduct ion f a c t o r  of two i n  C P U  time 
can be achieved. 

F lex ib i l i ty  and Ease of Application 

Unlike other  unsteady computational methods, TES 
method makes use of t h e  s t e a d y - f l o w  p r e s s u r e s  
s u p p l i e d  e i t h e r  b y  measurement  o r  b y  s t e a d y  
computational method. The f l e x i b i l i t y  of the  TES 
method l i e s  in the pressure i n p u t  scheme which does 
not require a i r f o i l  shapes .  For ease  of appl ica-  
t i o n ,  t h e  input  format of TES code wil l  be unified 
with tha t  of the subsonic doublet l a t t i c e  code. 

Transonic A . I . C .  and F lu t te r  

W i t h  the exclusion of chordwise bending modes, 
t h e  p r e s e n t  TES method can be extended t o  t h e  
construct ion of a three-dimensional  aerodynamic- 
influence-coeff ic ient  matrix, hence, the generalized 
forces .  These a re  the essent ia l  building blocks for  
t h e  TES method t o  become an e f f i c i e n t  aerodynamic 
tool for f l u t t e r  analysis .  
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GIVEN FLOW PARAMETERS 

AND WING PLANFORMS 

F i g .  1 Flow C h a r t  Showing T E S  C a n p u t a t i o n  Procedure 
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62.0% Cr 
C %  50% i c, 
P 21 

(A) LANN WING 
M, = 0.82 

(B) NORTHROP F-5 WING (C) NORTHROP F-5 WING 
M, = 0.90 M, = 0.95 

Fig. 3 Steady Pressure Inputs and Equivalent-Airfoil Outputs  at Various Spanwise Locations for: 
( A )  LANN WING at Mean Incidence a,, = 0.62' 
(B) andEORTHROP F-5 WING at Mean Incidence a,, - 0' 
( Upper and ALower Surfaces - Measured Data: 
(C) Computed Data XTRAN3S/Ames; -Present Equivalent-Airfoil O u t p u t )  

( A )  NLRIHorsten, ( 6 )  NLRITijdeman and 
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SEC 1 

Fig. 5 NORTHROP F-5 W I N G  Comparison of In-phase and Out-of-phase Pressures  on Upper  Surface a t  Three 
Spanwise Locations: 
Reduced Frequency k = 0.550. 
(- Present TEE Method; & XTRAN3S/Ames; Real and @ Imaginary - NLRITijdeman e t  a l .  
Measured Data) 

Pi tching O s c i l l a t i o n  about !-lid Root-Chord a t  Mach Number M m  = 0.90 and 
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Fig. 6 NORTHROP F-5 W I N G  
Spanwise Locations: 
Reduced Frequency k = 0.136. 
( -Present TE8 Method; Real and 0 Imaglnary - NLR/Tijdeman e t  a l .  Measured Data) 

Comparison of In-phase and Out-of-phase Pressures  on Upper Surface a t  Three 
P i tch ing  Osc i l la t ion  about Mid Root-Chord a t  Mach Number MOD = 0.90 and 
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Fig.  7 NORTHROP F-5 WING Comparison of In-phase and Out-of-phase Pressures on Upper Surface a t  Three 
Spanwise Locations: Pi tching O s c i l l a t i o n  about Mid Root-Chord a t  Mach Number MI - 0.95 and 
Reduced Frequency k - 0.526. 
( - Present T E g  Method; 
Measured Data) 

XTRAN3WAme.9; a Real and 0 Imaginary - NLR/Tijdeman e t  a l ,  

I 6 
:+. X / C  "0 
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%.Do 0'. 10 6. YO 0: 60 0:80 1'. 00 
x / c  

(A) XTRAN3S/Ames Input (B) NLR Measured Data Input 
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Fig. 8 NORTHROP F-5 W I N G  
Pressures  a t  18% Spanwise Locations: 
M- = 0.95 and Reduced Frequency k 
(- Present TES Method; 4 XTRAN3S/Arnes; Real and @ Imaginary - NLR/Tijdeman e t  a l .  
Measured Data) 

Comparison of Steady Pressure Dis t r ibu t ions ,  In-phase and Out-of-phase 
Pi tching O s c i l l a t i o n  about Mid Root-Chord a t  Mach Number - 0.528. 
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Fig. 9 LANN WING Canparison of In-phase and Out-of-phase Pressures at Five Spanwise Locations : 
Pitching Oscillation about 621 Root-Chord at Mach Number M- - 0.82 and Reduced Frequency 
k - 0.205 
( c- Present TES Method; 4 XTRAN3S/Malone; 
Measured Data) 

Real and @ Lmaginary - NLRIHorsten e t  a l .  
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(B) LAN" WING Lower Surface [Continued] 

Pig. 9 LANN WING [Continued] 
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Act# 
P O  

D 
9 

RAE AGARD TAILPLANE: 
ASPECT RATIO : AR=2.41 
TAPER RATIO : TR=0.27 
MACH NUMBER : Mm=0.90 
MEAN INCIDENCE : aO=OO 
REDUCED FREQUENCY: kc=0.422 
PITCHING AXIS : x0-68.2% RtOT CHORD 
OSCILLATION AMPLITUDE: a l = 0 . 4  

a . L  7 

(A) S t e a d y  P r e s s u r e  D i s t r i b u t i o n s  

F i g .  10 RAE ACARD TAILPLANE: 
(A) S t e a d y  P r e s s u r e  I n p u t s  a n d  E q u i v a l e n t - A i r f o i l  P r e s s u r e  O u t p u t s  a t  F o u r  S p a n w i s e  L o c a t i o n s  
( RAE Measured  Data I n p u t ;  - E q u i v a l e n t - A i r f o i l  O u t p u t  1 
(B) C o m p a r i s o n  of I n - p h a s e  a n d  O u t - o f - p h a s e  P r e s s u r e s  
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OUTLINE 

An outline of the presentation is shown here. First, the motivation for performing this 
research is discussed. Next, the formulation of an isentropic full potential method is presented, 
followed by a nonisentropic method. Since the methods that are presented use body-fitted grids, 
methods for modeling the motions of dynamic grids are presented. Computed results for the 
NACA 0012 and NLR 7301 airfoils are shown. Summary statements about this effort are 
presented, and some conclusions are made. 

0 MOTIVATION 

0 ISENTROPIC FULL POTENTIAL 

0 NONEENTROPIC FULL POTENTIAL 

0 DYNAMIC GRIDS 

0 RESULTS (NACA 0012, NLR 7301) 

0 SUMMARY 

0 CONCLUSIONS 
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MOTIVATION 

One of the most important uses of methods that calculate unsteady aerodynamic loads is to 
predict and analyze the aeroelastic responses of flight vehicles. Currently, methods based on 
transonic small disturbance (TSD) potential aerodynamics are the the primary tools for 
aeroelastic analysis. Theoretically, TSD methods are limited to thin bodies undergoing small 
amplitude motions. Full potential (FP) methods do not have these limitations, but flow 
solutions obtained using isentropic potential theory--TSD or FP--can be highly inaccurate and 
even multivalued. This is because isentropic potential methods do not model the effects of 
entropy that is produced when shock waves are in the flow field. Thus, the goal of this effort is 
to develop an unsteady full potential method that models the effects of shock-generated entropy: 

0 TRANSONIC SMALL DISTURBANCE THEORY IS THE PRIMARY 
AERODYNAMIC TOOL FOR ANALYZING TRANSONIC AEROEIASTIC 
PHENOMENA 

0 TSD LIMITED TO THIN BODIES UNDERGOING SMALL AMPLITUDE 
MOTIONS 

0 SOLUTIONS FROM ISENTROPIC POTENTIAL THEORY CAN BE 
HIGHLY INACCURATE AND MULTIVALUED 

0 GOAL OF THE PRESENT EFFORT IS TO DEVELOP AN UNSTEADY 
FULL POTENTIAL METHOD THAT MODELS NONISENTROPIC 
EFFECTS 
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ISENTROPIC FULL POTENTIAL 
(GENERALIZED COORDINATES) 

Shown here is the formulation of the isentropic full potential method in generalized 
coordinates. The first equation is the continuity equation in strong conservation form, where 
z is computational time, and 6 and are the computational coordinate directions around and 
normal to the airfoil, respectively. Density p is given by the expression in the second equation, 
where y is  the ratio of specific heats, M is free stream Mach number, is the velocity 
potential, and the nondimensional physical time is denoted by t. The variables U and W are the 
contravariant velocities in the 6 and directions, respectively. The metrics of the body-fitted 
grid are A1 ,A2, and k. The Jacobian of the coordinate transformation is given by J, and is the 
density divided by the Jacobian. The density, biased to introduce artificial viscosity and capture 
shock waves, is denoted by7. 

6 
U = 5  +A,$  +A2@ 

t 5 
J = 5  x z  6 - 5  z x  6 
A 

P = ?  

W = <  + A $  +A,@ 
2 5  6 t 

(u 

p = biased density 
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ISENTROPIC FULL POTENTIAL 
(FACTORIZATION) 

The isentropic full potential formulation is linearized and factored as shown in this figure. 
Here, 4, and Ly represent differential operators in the €, and c directions. The right side of the 
factored equation is the discretized form of the continuity equation plus some other terms not 
shown. The subscripts i and j represent grid points in the €, and c directions, respectively, and 
the superscripts n and n-1 represent computational time levels. Solutions for t$ are advanced 
in time by adding the potential from the previous time step 0” to the correction A& 

L L A $ =  
5 5  

N 

] + ... i,j- 112 (74- 112,j + (pw>” i,j+ 112 - (PW) P U  

h = AT 
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FLUX BIASED DIFFERENCING 

The flow equations are discretized spatially using flux biased differencing. Artificial viscosity, 
necessary to capture shock waves, is introduced into the difference equations by defining the 
biased density p as shown in the figure. The (pq)- term is the difference between the actual 
flux pq and the sonic flux p'q' in supersonic regions and is zero in subsonic regions. 
Expressions for the total speed q, sonic speed q', and sonic density p' are shown in the figure. 

N 1 

0 

q 2 = A q 2 + 2 A @ @  + A q 2  
l 5  2 5 r  3 r  

1 2 -  
p* = (q* )Y-1 
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CHARACTERISTICS OF FLUX BIASED DIFFERENCING 

Flux biased differencing (a) accurately tracks sonic conditions and automatically specifies the 
correct amount of artificial viscosity, (b) produces no velocity overshoots at shock waves, 
allowing for larger time steps for unsteady calculations, (c) produces well defined, monotone 
shock profiles with a maximum two point transition between the upstream and downstream 
states, and (d) dissipates expansion shocks, ruling out solutions with such nonphysical 
characteristics. 

0 AUTOMATICALLY SPECIFIES CORRECT AMOUNT OF ARTIFICIAL 
VISCOSITY 

0 ALLOWS FOR LARGER TIME STEPS 

0 PRODUCES TWO POINT SHOCK WAVES 

0 DISSIPATES EXPANSION SHOCKS 
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NONISENTROPIC DENSITY 

To model the jump in entropy across shock waves, the density downstream of shock waves is 

modified to Pie-*S/R. The entropy jump is a function of the normal Mach number upstream of 
the shock wav'e Mn. The isentropic density is given by the expression in the figure and is the 
same as that shown in the formulation of the isentropic potential method. When the expression 
for the nonisentropic density is inserted into the continuity equation, the equation at the bottom 
of the figure is obtained. Except across shock waves and wakes, the last part of that equation 
vanishes. Thus, except at those locations, it is necessary only to solve the classical full 
potential equation. 

-AS 
R 
- 

P = Pie 
2 

n AS = f(M ) 
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NONISENTROPIC FULL POTENTIAL 
(FACTORIZATION) 

When nonisentropic effects are modeled, the factored equation becomes as shown at the top of 
the figure. The nonisentropic biased density for U > 0 is given by the expression at the bottom 
of the figure. 

-AS -AS 

-AS 
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DYNAMIC GRIDS 

To apply the airfoil surface boundary conditions at the instantaneous surface position requires a 
new grid at each time step. For this work, the body-fitted grids were generated using an elliptic 
method. Using this method, the resources required to generate the grids can be more than those 
necessary to do the aerodynamic calculations. Thus, an efficient grid interpolation method is 
used to generate the required grids. To simulate harmonic motions, the elliptic method is used 
to calculate grids at the extreme airfoil positions, and the grids for all other airfoil positions 
are generated using linear interpolation. Interior grid points are redistributed at each time 
step, while points on the outer boundary remain fixed. 

The figure shows grid interpolation for an airfoil pitching about a point XP. A polar coordinate 
system centered at xp is used. Using the subscripts 1 and 2 to denote the minimum and 
maximum pitch angles, the position of each grid point at any time z is given by the expressions 
for r(z) and e(z). The interpolated grid points are then obtained from the expressions for x(z) 
and z(z) given in the figure. 

0 
0 OUTER BOUNDARY FIXED 

ASSUME LINEAR VARIATION BETWEEN EXTREME POSITIONS 

a(z) - a 
1 

2 1 

r(z) = rl + (r2 - rl> 
a - a  

a(z) - a 

2 1 

P ~ ( z )  = r(z)cose(z) + x 
z(z) = r(z)sine(z) 
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NACA 0012 
STEADY FLOW SOLUTIONS 

M = 0.84, a = 0" 

This figure shows steady pressures that are calculated on the NACA 0012 airfoil using the 
isentropic and nonisentropic full potential (FP) methods and an Euler method for M = 0.84, 
a = 0". For this airfoil, the flow conditions are in' the region where multiple solutions are 
known to occur. The isentropic FP result is asymmetric with negative lift. The Euler solution 
is symmetric with zero lift. The nonisentropic FP calculation yields a symmetric, nonlifting 
pressure distribution that shows good agreement with the Euler pressures. Thus, the 
nonisentropic FP method eliminates the phenomenon of multiple flow solutions. 
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NACA 0012 
ISENTROPIC COMPUTATIONS 

M = 0.755, a = 0.016' + 2.5l0SIN(Kz), K = 0.814 

This figure shows comparisons of calculated isentropic transonic small disturbance and full 
potential (FP) unsteady pressures with experimental data. Generally, the FP pressures are in 
good agreement with experiment, but the shock wave is too strong and located too far aft on the 
ai rfo il . 
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ORIGf?JAL PAGE 1s 
OF POOR Q U A L m  NACA 0012 

NONEENTROPIC COMPUTATIONS 
M = 0.755, 01 = 0.016' + 2.5IoSIN(Kz), K = 0.0814 

This figure shows comparisons of isentropic and nonisentropic full potential (FP) pressures 
with experimental data. Generally, the effects of modeling the shock-generated entropy are to 
weaken the shock wave and move it forward on the airfoil. As a result, the nonisentropic FP 
calculations show improved agreement with the experimental data. 
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NLR 7301 
STEADY STATE PRESSURES 

M = 0.721, cx = -0.19' 

Shown In this figure are comparisons of the full potential (FP) pressures with Euler 
calculations and experimental data for ,the NLR 7301 airfoil at M = 0.721, a = -0.19". For 
this case, the effects of shock-generated entropy are small, and the two FP solutions are nearly 
identical. Thus, the isentropic and nonisentropic FP calculations are shown as one line, 
designated "FP". Results obtained using the potential methods show very good agreement with 
experimental data and with thd Euler calculations. The shock lobation is slightly upstream of 
the experimental location and slightly downstream of the location predicted by the Euler method. 
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NLR 7301 
STEADY STATE PRESSURES 

M = 0.7, a = 2" 

This figure shows a comparison of isentropic potential and Euler pressures on the NLR 7301 
airfoil for M = 0.7, a = 2". The shock wave calculated with the isentropic method is too strong 
and located too far aft on the airfoil, suggesting that this case is outside the range of validity of 
the method. 
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NLR 7301 
STEADY STATE PRESSURES 

M = 0.7, a = 2" 

Modeling the nonisentropic effects brings the potential flow solution into good agreement with 
the Euler results. The shock waves differ in location by only 3 percent chord and have nearly 
the same strength. In addition, the agreement of pressures on the lower surface is excellent. 
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SUMMARY 

An unsteady full potential method for calculating flows with strong shock waves has been 
presented. The method uses approximate factorization to advance the solutions in time and a 
linear interpolation method to model dynamic grid motion. Calculated results were presented 
for the NACA 0012 and NLR 7301 airfoils. 

0 PRESENTED AN UNSTEADY FULL POTENTIAL METHOD FOR FLOWS 
WITH STRONG SHOCKS 

0 USED APPROXIMATE FACTORIZATION TO ADVANCE SOLUTIONS 
IN TIME 

0 USED LINEAR INTERPOLATION TO MODEL DYNAMIC GRIDS 

0 PRESENTED ISENTROPIC AND NONISENTROPIC CALCULATIONS 
FOR NACA 0012 AND NLR 7301 AIRFOILS 
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CONCLUSIONS 

From the results that were presented, it can be concluded that nonisentropic potential methods 
more accurately model Euler solutions than do isentropic methods. The primary effects of 
modeling shock-generated entropy are (1) to eliminate multiple flow solutions when strong 
shock waves are in the flow field and (2) to bring the strengths and locations of computed shock 
waves into better agreement with those calculated using Euler methods and those measured 
during experiments. 

o MODELING NONISENTROPIC EFFECTS RESULTS IN A POTENTIAL 
METHOD THAT MORE ACCURATELY MODELS EULER SOLUTIONS 

0 PRIMARY EFFECTS OF MODELING SHOCK-GENERATED ENTROPY 

- MULTIPLE SOLUTIONS ELIMINATED 

- COMPUTED SHOCK WAVES IN BETTER AGREEMENT WITH 
EULER SOLUTIONS AND EXPERIMENT 
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FULL POTENTIAL UNSTEADY COMPUTATIONS 
INCLUDING AEROELASTIC EFFECTS 

Vijaya Shahkzir 
Itockwell International Science Center 

Thousand Oaks, California 

Hiroshi Ide 
Elockwell Aircraft Operations 
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SUMMARY 

A unified formulation is presented based on the full potential framework coupled with an ap- 
propriate structural model to compute steady/unsteady flows over rigid/flexible configurations for 
across the Mach number range (subsonic to supersonic). The unsteady form of the full potential 
equation in conservation form is solved using an implicit scheme maintaining time accuracy through 
internal Newton iterations. A flux biasing procedure based on the unsteady sonic reference con- 
ditions is implemented to compute hyperbolic regions with moving sonic and shock surfaces. The 
wake behind a trailing edge is modeled using a mathematical cut across which the pressure is satis- 
fied to be continuous by solving an appropriate vorticity convection equation. An aeroelastic model 
based on the generalized modal deflection approach interacts with the nonlinear aerodynamics and 
includes both static aa well aa dynamic structural analyses capability. Figure 1 shows a schematic 
of the coupling process. Some of the topics to be discussed are 1) mechanism for coupling the 
aerodynamic and the aeroelaatic equations, 2) update of geometry and grid at each time level to 
maintain time accuracy, and 3) prediction of flutter point dynamic pressure. 

Results are presented for rigid and flexible configurations at different Mach numbers ranging 
from subsonic to supersonic conditions. The dynamic response of a flexible wing below and above 
its flutter point is demonstrated. 
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Fig. 1. Schematic of CFD/Aeroelastic Coupling 



AERODYNAMIC FORMULATION 

The conservation law form of the time-dependent full potential equation cast in an arbitrary 
coordinate system (7, C ,  q ,  t )  is written as 

The density p is given by Bernoulli’s law 

where U, V, and W are the contravariant velocities. 

Associating the subscripts i , j , k  with the C,q,t directions, a numerical approximation to Eq. (1) 
can be written in the semidiscrete conservation law form given by 

- _ -  e - -  

where E,F,G are representative fluxes approximating the real fluxes E,F,G of Eq. (1). 
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I NEWTON ITERATION 
In terms of the velocity potential, Eq. (3) can be represented as 

where qi is the unknown to be solved at every grid point (2, j, I C )  in the current (n + 1) time plane. 
The Newton iteration for solution to Eq. (4) is 

where & is the currently available 6 at the ( n  + 1) level and A$ = 4 - q$*. At convergence, A4 
will approach zero driving qi to qP+l. (See Fig. 2). 

4n + 1 
0 

0 

0 

43 

STEP 1 

$I"-~O TIME LINEARIZATION 
PROCEDURE. 40 IS 
INITIAL GUESS 

STEP 2 

41# 42#43# @ 4" + 'INTERNAL 
NEWTON 
ITERATION 

Fig. 2. Update of 4 Based on Newton Iteration 
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TIME LINEARIZATION 
Treatment of & ( 5 )  in Eq. (1) 

where 
a1 = (AT1 +  AT^)^ ; AT1 = T " + ~  - 7" ;  AT^ = 7" - T " - - I ,  

The unknown quantity in Eq. (6) is p"+'. Following Eq. (5 ) ,  this is written &s 

where A4 = 4 - &, and 

is a differential operator. The speed of sound is denoted by a. 
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FLUX BIASING 

Equation (3) requires evaluation of E, F, and 5 at various spatial half node points. As 
represents E appearing in Q. (1). The fluxes are defined in the following mentioned earlier, 

manner. 

where p" is an upwind biased value of density, designed to produce the necessary artificial viscosity 
for treatment of hyperbolic regions. 

1 where Q = JU2 + V2 + W 2 .  

The quantity (pq)-  appearing in Eq. (10) is defined to be 

( p d -  = PQ - P*Q* if Q > Q* 
= o  if q 5 q* . 

The quantities peg*. p* ,  and q* represent sonic values of the flux, density, and total velocity, 
respectively. These quantities are evaluated at half node grid points. (See Fig. 3). 
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AEROELASTIC MODEL 

The aeroelastic model is based on the generalized modal approach. In the physical space, the 
structural equation is written as 

[ m ] z +  [.I;+ [n]  = {f} 

where rn, c, I C ,  and f represent the mass, damping, stiffness, and force, respectively. The structural 
deflection is given by z. Using the generalized mode shape, 4, one can rewrite the above equation 
as 

where M, C, and K are generalized mam, damping, and stiffness matrices and { F} is the gener- 
alized aerodynamic force. These are defined by 

C = d T c 4  , F=g5Tf and z = + q  , 

where q is the generalized deflection. 
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STATIC FLEXIBLE CASE 

The flexibility of the structure comes into the calculation through stiffness (K) and generalized 
mode shapes (4). The steps involved in computing the static flexible equilibrium aerodynamics are 
given below: 

1. Solve rigid aerodynamics for lift force. 

2. Solve Kq = F + { z }  = [4] { q } .  

3. Increment { z }  in smaller steps and compute modified aerodynamic force, Figure 4. 

4. Repeat Step 2. 

5. Continue until { z }  and lift converge. 
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~~~ 

DYNAMIC FLEXIBLE CASE 

The aerodynamics and the structural response are computed rri a time accurate fashion wing 
internal Newton iterations. The various steps involved in this computation are 

1. Compute rigid aerodynamics. 

2. Compute static flexible for a given dynamic pressure Q. 
3. Set up an initial perturbance by perturbing either q or q of any mode. 

4. Solve Mi + Ci  + Kq = F + {z). 
5. Compute Zt,Yr,zr on the surface, 

6. Define xr,yr,zr for each field grid point allowing their values to go to zero at outer boundary, 

7. Compute new grid location zn+l = xn + xTAr, 0 and new metrics. 

8. Converge aerodynamics using internal Newton iteration. 

9. Repeat Step 4. (For prediction of flutter Q gradually vary Q and monitor generalized modal 

Figure 5. 

deflect ions. ) 

STATIONARY 
OUTER 
BOUNDARY 

Fig. 5. Grid Update for Dynamic Flexible Calculations 
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0 

0 

~ 0 

OTHER FEATURES OF AERODYNAMIC/AEROELASTIC PROCEDURE 

Aerodynamics solved by triple approximate factorization scheme 

Wake cut modeled by unsteady vorticity convection equation 

Implicit boundary conditions 

Internal Newton iteration for time accuracy. 

= LcLeL, 

I Code Capabilities 

0 Static Rigid 

0 DynamicRigid 

0 Static Flexible 

0 Dynamic Flexible 
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FLEXIBLE WING MODEL 

Figure 6 shows the planform shape of a flexible low aspect ratio fighter wing. A sectional 
airfoil profile is also shown in Fig. 6. Note that there are two bumps in the lower section which are 
due to the leading edge and trailing edge control surface actuators. This model was designed and 
built by Etockwell and currently is being tested in NASA Langley Research Center’s 16 foot TDT 
wind tunnel. 

SPANWISE STATIONS (inches) 
50 40 30 20 10 0 - 

MODIFIED BODY REGION 

- 7 5  

L 1st BUMP L 2 n d  BUMP 
AT 25% XIC AT 75% xlc 

Fig. 6. Planform Shape of a Flexible Fighter Wing 
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NATURAL MODE SHAPES 

Figure 7 shows the first ten natural frequency mode shapes for aeroelastic analysis. Mode 
shapes are prescribed at every grid point on the wing surface. 

MODE 1 MODE 2 MODE 3 MODE 4 MODE 5 
6.33 Hr 10.27 Hz 13.92 Hz 22.73 Hz 32.73 Hz 

MODE 6 MODE 7 MODE 8 MODE 9 MODE 10 
35.48 Hz 40.71 Hz 52.75 Hz 54.03 Hz 55.96 Hz 

Fig. 7. Selected Mode Shapes for Aeroelastic Analyses 



RESULTS FOR STATIC FLEXIBLE CASE 

Figure 8 shows results for a static flexible computation at M ,  = 1.15, a = 6" for two different 
dynamic pressure conditions. Q = 0 corresponds to the rigid case. The deflected shape of the wing 
for Q = 288 psf shows the nose down rotation of the airfoil near the wing tip resulting in tip load 
reduction. This is essential for the wing to be aeroelastically stable. 

GEOMETRY UPPER Cp 

I RIGID (Q = 0 )  I 
LOWER Cp 

DEFLECTED SHAPE UPPER Cp LOWER Cp 

Fig. 8. Static Flexible Computation, M ,  = 1.15, a = 6" 
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CL VERSUS a FOR STATIC FLEXIBLE 

The CL versus a curves at two different Mach numbers are shown in Fig. 9. Table 1 shows the 
change in total lift coefficient between rigid and flexible cases for different Mach numbers, angles 
of attack, and Q conditions. 

b - 

A4 a Q(psf) CLt,.t CLflex CLrigid 
-- - 

1.05 1.6 335 0.0785 0.0800 0.1450 

1.15 0.5 230 0.0433 0.0400 0.0685 

0.90 0.0 220 0.0446 0.0441 0.0637 

Table 1. Comparison of Lift Coefficients between Rigid and Flexible Calculations 
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Fig. 9. CL versus a for the Flexible Wing 
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STATIC FLEXIBLE WITH DEFLECTED CONTROLS 
Figure 10 shows a similar static aeroelastic calculation with leading and trailing edge control 

surfaces deflected. Also shown are the surface chordwise pressure distributions at various span 
stations and a cross section of the wing with deflected control surfaces. The span stations where 
the deflected control surfaces are present are drastically altered. 

I 

M, = 0.9, Q = 37 psf 

AEROELASTIC CODE) 
- 
0 TESTDATA 

CONTROL SURFACES 
DEFLECTION 

M ORIGINAL 
CONTROL SURFACES 
DEFLECTED 

- 

1 I 1 I 
2 4 6 8 
ANGLE OF ATTACK, (DEGREES) 

Fig. 10. Static Aeroelastic Computations with Deflected Control Surfaces 
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DYNAMIC FLEXIBLE CASE 

Figures 11-13 show results for dynamic aeroelastic computations at three different dynamic 
pressures (Q). Figure 11 is for Q < QFlntter. The structure is aerodynamically stable as shown by 
the decaying amplitudes of various quantities. Figure 12 is exactly at the flutter dynamic pressure. 
The value for the flutter Q was obtained by the nonlinear aerodynamics/aeroelastic code through 
numerical search. Exactly at the flutter Q, the dynamic response of the structure does not decay aa 
shown by results of Fig. 12. Figure 13 illustrates the structural response above the flutter Q. The 
structure is aerodynamically unstable aa shown by the growing amplitudes of various quantities. 

6 -0.005 

-0.10 

I E 

GD - GENERALIZED DEFLECTION 
(ill I GTJ 2 I*I 3 SO 4 SD 5 60 6 60 7 60 8 60 9 6U I O  2 .0 ,  0 1 . . . v . . . 

------- n --e---- 

-0.1 

Fig. 11. Dynamic Flexible Computation - below Flutter, M ,  = 1.15, cy = O", Q = 360 psf 
I 
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DYNAMIC FLEXIBLE CASE (CONTINUED) 
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Fig. 12. Dynamic Flexible Computation - at Flutter Point, M ,  = 1.15, a = O", Q = 490 psf 
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Fig. 13. Dynamic Flexible Computation - above Flutter, M, = 1.15, cy = O", Q = 550 psf 
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FLUX-VECTOR SPLITTING FOR UNSTEADY 
CALCULATIONS ON DYNAMIC MESHES 

W ,  Kyle  Anderson 
James L, Thomas 

Christopher L,  Rumsey 
NASA Langley Research Center 
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The method of flux-vector-splitting used in the current study is that of Van Leer'. 
The fluxes split in this manner have the advantage of being continuously differentiable 
at  eigenvalue sign changes and this allows normal shocks to be captured with at  most 
'two interior zones, although in practice only one zone is usually observed. The fluxes as 
originally derived, however did not include the necessary terms appropriate for calculations 
on a dynamic mesh. The extension of the splitting to include these terms while retaining 
the advantages of the original splitting is the main purpose of the present investigation. 
In addition, the use of multiple grids to reduce the computer time is investigated. A 
subiterative procedure to eliminate factorization and linearization errors so that larger 
time steps can be used is also investigated. 

Extend the Van Leer method of flux vector splitting 
for use on moving meshes 

0 Investigate the use o f  multiple grids to reduce 
computer time 
Use of multigrid with a sub-iterative procedure 
to eliminate factorization and linearization errors 
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The upwind differencing in the present work is achieved through the technique of 
flux-vector-splitt,ing where the fluxes are split into forward and backward contributions 
according to the signs' of the eigenvalues of the Jacobian matrices, and differenced ac- 
cordingly. The split-flux differences are implemented as a flux balance across a cell corre- 
sponding to MUSCL (Monotone Upstream-Centered Schemes for Conservation Laws) type 
differencing2. Here, the fluxes at each cell interface are formed from the metric terms at 
the cell interface, and the state variables are obtained by upwind-biased interpolation of 
the conserved variables. 

FLUX VECTOR SPLITTING 
i-1/2 i+1/2 

S p l i t  f l u x e s  i n t o  forward and 
backward c o n t r i b u t i o n s  
F ( Q )  = F+(Q-)  + F- (Q+)  

Use upwind biased approximat ion t o  
s p a t i a l  d e r i v a t i v e s  

I-1 i i +1 

Van Leer s p l i t t i n g  
Cont inuously d i f f e r e n t i a b l e  
Al lows shocks t o  be captured with a t  most 
two ( u s u a l l y  one) i n t e r i o r  zones 
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In order to facilitate the derivation of the split fluxes, it is convenient to revert to the 
one-dimensional Euler equations on a moving grid. The one dimensional Euler equations 
express the conservation of mass, momentum, and energy for an inviscid, nonconducting 
gas in the absence of external forces. The flux is written as a function of the density, speed 
of sound, local Mach number relative to the moving grid, and the mesh speed. 

ONE DIMENSIONAL EULER EQUATIONS 

A 

u + e t  
M =  = Mach number r e l a t i v e  t o  moving g r i d  

a 
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In deriving the splittings for a dynamic mesh, several requirements are placed on 
the split fluxes: these requirements are identical to those originally imposed by Van Leer 
for the fixed grid equations, with an additional constraint requiring simply that for zero 
grid speed the split fluxes revert to those for a stationary grid. Eight requirements, are 
ultimately pl'aced on the split fluxes of which the five most important ones are shown. 

REQUIREMENTS FOR VAN LEER SPLITTINGS 

0 &'/ai must have a l l  eigenvalues 2 0 

a h a Q  must have a l l  eigenvalues 5 0 
A 

A A 

0 aF%Q must be continuous 

0 ai ' /aQ must have one eigenvalue vanish f o r  subsonic Mach numbers 
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I With the Mach number defined relative to the grid, the mass flux has the same form 
as that of the fixed grid equations. Therefore the splitting of the mass flux for a moving 
grid is the same as for the fixed grid equations. The momentum flux is split in a similar 
fashion. 

SPLllllNG THE FLUX VECTORS 

0 Mass f l u x  has identical fo rm as f o r  a s t a t i o n a r y  g r i d  

4 J. 

Y -1 2 E t  
-M & - - -  
Y Y 0 
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The formation of the energy flux can now be obtained from a combination of the split 
mass and momentum fluxes. The formation of the energy flux in this manner insures its 
degeneracy, thereby guaranteeing shock structures with no more than two interior zones. 

SPLITTING THE FLUX VECTORS 

0 Energy f l u x  formed from combinat ion o f  mass and momentum 
f l u x e s  ensures degeneracy I 

2 
Y 

1 

1 1 
c3 = 

Y2-1 2 ( y2-1 1 

- 
- 

- 
c1 - 

2 ( u 2 - 1 )  

0 Degenerate f l u x  guarantees shock s t r u c t u r e s  with no more 
than two i n t e r i o r  zones ( g e n e r a l l y  one) I 
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The eigenvalues of the Jacobians of the split fluxes are shown for an exemplary grid 
speed. All eigenvalues of F+ are non-negative while all the eigenvalues of F- are non- 
positive. In addition, each has one eigenvalue vanishing for subsonic Mach numbers. The 
differentiability of the fluxes is also indicated in the figure since the eigenvalues are repre- 
sentative of the derivatives of the fluxes in canonical form and all are continuous over the 
Mach number range. 

.o 

EIGENVALUES OF &..a8 (et=0.5) 

............................... .,,... ....................... ........... .... 
- 
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The method used to advance the solution in time is an implicit finite volume method3. 
Since implicit methods allow much larger time steps than explicit methods, the allowable 
time step is dictated more by the physics of the flow than by stability considerations. The 
scheme can be either first or second order accurate in time and either first, second or 
third order accurate in space. Since upwindsdifferencing is employed, no explicitly added 
artificial viscosity is needed and is therefore not used. 

TIME ADVANCEMENT ALGORITHM 

Backward time implicit algorithm 
Approximate factorization 
First or second order time accurate 

Finite volume implementation 
No explicity added artificial viscosity 
Explicit boundary conditions 
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The basic algorithm utilizes approximate factorization to obtain the solution at  each 
time step. For three dimensions the algorithm is implemented in three steps, one for 
each spatial direction. Using first order spatial differencing on the implicit side of the 
equation, the scheme requires the solution of a system of block tridiagonal equations in 
each coordinate direction and is completely vectorizable since the operations in each factor 
are independent of the other two. For unsteady calculations, several sub-iterations can be 
used at  each time step to eliminate unwanted factorization and linearization errors. 

THREE-DIMENSIONAL ALGORITHM 

+ = 0 f i r s t  order time 

+ = 1 second order time 
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Steady computations are compared with experiment for the F-5 fighter wing at  four 
freestream Mach numbers and an angle of attack of zero degrees. The mesh used in the 
computations is a 1 2 9 x 3 3 ~ 3 3  C-H mesh corresponding to 129 points along the airfoil and 
wake, 33 points approximately normal to the airfoil, and 33 points in the spanwise direction, 
17 of which are on the wing planform. For each Mach number, an inboard and outboard 
span station are shown, corresponding to y/s=0.174 and y/s=0.8412, respectively where 
y is the coordinate in the spanwise direction and s is the wing semi-span. The results are 
generally in good agreement with the experimental data at  both span stations for all Mach 
numbers. 

F-5 STEADY PRESSURE DISTRIBUTIONS 
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F-5 STEADY PRESSURE DISTRIBUTIONS 
a =  0" Y /S  = 0,8412 
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Computational results using both flux-vector-splitting and flux-difference-splitting4 
are compared with experimental data for an NACA 0012 airfoil undergoing forced pitch- 
ing oscillations. The freestream Mach number is 0.755, the reduced frequency is 0.1628 
(based on chord), and the mean and dynamic angles of attack are 0.016 and 2.51 degrees 
respectively., The results were obtained on a 193x33 C-grid using a time step of 0.10 
requiring approximately 500 time steps to compute each pitching cycle. The computed 
pressures using both flux-vector-splitting and flux-difference-splitting compare well with 
the experiment at all angles of attack in the cycle shown. The shocks are all captured very 
sharply with no oscillations. Results for the negative angles of attack are similar. 

UNSTEADY PRESSURE DISTRIBUTION 
NACA 0012 M,= 0,755 k= 0,1628 

a o =  0,016 ai= 2.51 
cp vs x/c cp vs x/c 
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Although the time step allowed by the implicit method is much larger than that al- 
lowed by explicit methods, the time steps used may still be relatively small so that resolving 
the motion requires extensive computational effort, especially for three-dimensional flows 
where the number of grid points used in the discretization of the flowfield may be large. 
The multiple grid method has proven to be effective in reducing the computaional work for 
steady flows, although little work has been done for unsteady flows. Jesperson5 has shown 
that the multigrid concept could be used to advance the solution in time on coarser meshes 
while maintaining first order accuracy in time. The impetus is in reducing the computer 
time by performing some of the calculations on coarser meshes where fewer operations are 
required. 

NONITERATIVE USE OF MULTIPLE GRID LEVELS 

Advance solut ion on coarser g r i d s  where computations 
a re  inexpensive 
A d d i t i o n  o f  r e l a t i v e  t r u n c a t i o n  e r r o r  between 
f i n e  g r i d  and coarser g r i d  main ta ins  h igh  order 
s p a t i a l  accuracy 

F i r s t  order  temporal accuracy 
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Results are shown comparing calculated lift and moment coefficients against experi- 
mental data for the pitching NACA 0012 airfoil previously described. Also shown in the 
figure are results obtained using the noniterative multiple grid technique for the time accu- 
rate calculations. The lift and moment calculations are in excellent agreement between the 
single level and two level cases. With three levels, however, the pitching moment exhibits 
slightly larger disagreement with the single level results. 
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Pressure results are shown at one point in the pitching cycle when one, two, and 
three grids are used. As seen, the pressure distributions between the single level and two 
level cases are virtually indistinguishable; the pressures obtained using three grid levels, 
however, differ somewhat from the other two, particularly at the base of the shock. The 
explanation for this lies partly in the fact that each of the coarse grids is influenced strongly 
by the residual on the finest grid. Therefore, as the number of grid levels is increased, the 
residual which is driving the problem has been evaluated at an earlier point in the cycle. 
When only two grids are employed, the residual on the fine grid can be evaluated at the 
correct angle of attack in the cycle so that no lag in the residual exists. 

PRESSURE DISTRIBUTION FOR SINGLE AND MULTIPLE GRIDS 
NACA 0012 M-= 0,755 k= 0,1628 
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Results indicate that the use of multiple grids can give reasonably accurate results 
while decreasing the computer time. Use of more than two grid levels, however, lea.& to 
increasing errors. 

NONlTERATlVE USE OF MULTIPLE GRID LEVELS 

Solution using two grid levels are virtually 
identicul to single grid solution 
Two time steps are taken with only a slight 
increase in cost over a single step 

Use o f  more than two grids leads to 
increasing errors 
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Unsteady results for the F-5 wing are compared with experiment at  a freestream Mach 
number of 0.95 undergoing forced pitching motion where the mean angle of attack is zero 
degrees, the unsteady amplitude is 0.532 degrees, and the reduced frequency based on root 
chord is 0.264. The results have been computed on a 1 2 9 x 3 3 ~ 3 3  mesh using two grid 
levels and a time step of 0.05 on each grid requiring approximately 250 fine grid time steps 
per pitching cycle. The real and imaginary components of the pressure coefficients are 
compared with experiment at two span stations. As before, the results show reasonable 
comparison with experiment. However, the characteristic pressure spike at  the shock is 
somewhat aft of the experimental results indicating that viscous effects may be important. 

UNSTEADY PRESSURE FOR F-5 WING 
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At each time step, several iterations of the algorithm may be carried out in order to 
eliminate factorization and linearization errors. These subiterations may be done using 
a multigrid method to accelerate the convergence at  each time step. The benefits of the 
subiterations are observed to be generally offset by the extra computational work required 
a t  each time step. 

ITERATIVE MULTIGRID ALGORITHM 

M (61t1 - il) = -a tL (Q1)  

Repeated i t e r a t i o n s  a t  each t ime step w i l l  e l iminate 
f a c t o r i z a t i o n  and l i n e a r i z a t i o n  e r ro rs  so larger 
time steps can be taken 
Use o f  mu l t ig r id  method accelerates convergence 

Benef i t s  o f  larger  t i m e  step genera l ly  o f f s e t  

May be more b e n e f i c i a l  f o r  incomplete l i nea r i za t i ons  
by ex t ra  computational work 

o r  with "frozen" f l u x  Jacobians 
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CONCLUSIONS 

Van Leer method o f  f l u x  v e c t o r  s p l i t t i n g  extended 
for use on dynamic g r i d s  
Use o f  coarser  g r i d s  r e s u l t  i n  s u b s t a n t i a l  reduc t ion  
o f  computer t ime with v i r t u a l l y  no l o s s  i n  accuracy 
Use o f  m u l t i g r i d  t o  e l i m i n a t e  f a c t o r i z a t i o n  and 
1 i n e a r i z a t  ion e r r o r  o n l y  m a r g i n a l l y  benef i c i a l  
Resu l t s  compare favo rab ly  with experiment f o r  
two and th ree  dimensional  t e s t  cases 
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UNSTEADY TRANSONIC FLOW 

USING EULER EQUATIONS 

Dave M. Belk 
L. Bruce Simpeon 

Air Force Armament Laboratory 
Eglin Air Force Base, Florida 



Out line 

An implicit, two-factor, split flux, finite volume Euler equations solution 
algorithm is applied to the time-accurate sdlution of transonic flow about an 
NACA0012 airfoil and a rectangular planform supercritical wing undergoing pitch 
oscillations. Accuracy for Courant numbers greater than one is analyzed. Freezing 
the flux Jacobians can result in significant savings for steady-state solutions; the 
accuracy of freezing flux Jacobians for unsteady results is investigated. The Euler 
algorithm results are compared with experimedtal results for an NACA 0012 and a 
rectangular planform supercritical wing (Figure 1). 

0 ALGORITHM 

0 TIME ACCURACY FOR COUKANT NUHERS GREATER THAN ONE 

0 FREEZING FLUX JACOBlANS 

0 COMPARISON WITH WPERIPENT 

0 NACA0012 

0 RECTANGUAK SUPERCRITICAL WING 

Figure 1 
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Three Dimensional Euler Equations 

The Euler equations model inviscid flow with entropy and vorticity being gener- 
ated by shocks. 
effects be included. One advantage of the Euler equations solution algorithm is that 
,it is easily extended to include viscous effects. 

Many unsteady flows of practical interest require that viscous 

. The three-dimensional time-dependent Euler equations in conservation form are 
written in a general time-dependent boundary conforming curvilinear coordinate 
system. 
that can follow the motion of the body (Figure 2 ) .  
tion are given in Reference 1. 

This time-dependent coordinate transformation provides for a dynamic grid 
The details of this transforma- 

wh er e 

TIME DEPENDENT COORDINATE TRANSFORMATION 

Figure 2 
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Algorithm 

An implicit split flux finite volume solution algorithm for the Euler equations 
is obtained. Flux Jacobians with superscript L correspond to information 
propagating in the positive curvilinear coordinate direction, and flux Jacobians 
with superscript R correspond to information propagating in the negative curvilinear 
coordinate direction. The equation is then factored into two factors as discussed 
by Whitfield in Reference 2. The first equation of the two-pass scheme requires the 
solution of a sparse lower block triangular system by a simple forward 
substitution, while the second equation requires the solution of a sparse upper 
block triangular system by a simple backward substitution. 

This algorithm is firstiorder accurate in time and second order accurate in 
space. A simple modification to use three point backward time differencing will 
result in second order time-accurac,y (Figure 3 ) .  

0 FINITE VOLUME 

0 FLUX SPLIT 

0 IMPLICIT 

[ I + AT [ Sgl AL. + 6gl AR. + 67' BL. + 67' BR- + CL* + 6gl C".) 3 AQ" = - A ~ R "  

WHERE 

R "  = ate F"+ G" + age H" 

TWO-PASS 

[ I + AT ( 6,$ AL* + 6q' BL* + Sgl C') ] X" = - A A "  

[ I + AT ( 66 AR* + 67' BR*  + Sgl C"] ] AQn= X" 

Figure 3 



NACAOO 

ORIGINAL PAGE IS 
2 221 x 20 'C' Grid OF POOR QUALITY 

A l l  o f  the  Euler  computations f o r  the NACA0012 a i r f o i l  used the 221 x 20 'C' 
a l g e b r a i c  g r i d  shown below. 
generat ion code (Reference 3 ) .  See Figure 4 .  

The g r i d  was generated us ing  Joe Thompson's g r i d  

NACA0012 221 x 20 'C' GRID 

Figure 4 
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ORIGINAL PAGE IS 
OF POOR QUALITY 

NACA0012 L i f t  C o e f f i c i e n t s  

C a l c u l a t i o n s  were made f o r  a NACA0012 a i r f o i l  a t  Mach = 0.755 o s c i l l a t i n g  i n  
p i t c h  about  t h e  1 / 4  chord p o i n t  w i th  a reduced frequency of k = b c / V  ) = 0.1628. 
The a i r f o i l  had a mean a n g l e  of a t t a c k  = 0.016 degrees  and an unsteady a l p h a  = 2.51 
degrees .  Steady s t a t e  s o l u t i o n s  were ob ta ined  a t  t h e  mean c o n d i t i o n s  p r i o r  t o  an 
a b r u p t  s t a r t  of t h e  o s c i l l a t o r y  motion. The c a l c u l a t i o n s  were performed f o r  f o u r  
comple t e  c y c l e s  of motion. 
t h r e e  d i f f e r e n t  t i m e  s t ep  s i z e s .  D T M I N  = 0.01 gave  5000 time s t e p s  p e r  c y c l e  of 
motion and corresponds t o  a maximum Courant number of 10. D T M I N  = 0.10 was 500 t i m e  
s t e p s  per  c y c l e  of motion and corresponds t o  a maximum Courant number of 100. D T M I N  
= 0.20 w a s  250 t i m e  s t e p s  p e r  c y c l e  of motion and corresponds t o  a maximum Courant 
number of 200. L i f t  c o e f f i c i e n t s  were o n l y  s l i g h t l y  d i f f e r e n t  f o r  t h e  v a r i o u s  t i m e  
s t e p  s i z e s  ( F i g u r e  5). 

The f i g u r e  below shows l i f t  c o e f f i c i e n t  v s  t i m e  f o r  

Y.O.755, t=0.1628. MEAN ALPEA=0.016, UNSTEADY ALPBA=2.51 
221x20 ALGEBRAIC 'C'.CRID 
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NACA0012 Unsteady P r e s s u r e  D i s t r i b u t i o n s  
340" of O s c i l l a t o r y  Motion 

A f t e r  340" of o s c i l l a t o r y  motion, t h e  a n g l e  of a t t a c k  i s  i n c r e a s i n g  through 
-0.84 degrees,. A shock has  formed on t h e  lower s u r f a c e  n e a r  t h e  44% chord l o c a t i o n .  
A t  t h i s  p o i n t  i n  t h e  motion, t h e  shock is  n e a r l y  s t a t i o n a r y  and of maximum s t r e n g t h .  
The f i g u r e  below shows t h e  c o e f f i c i e n t  of p r e s s u r e  d i s t r i b u t i o n  a l o n g  t h e  a i r f o i l .  
C a l c u l a t i o n s  were done u s i n g  both f i r s t  and second o r d e r  t ime-accurate  d i f f e r e n c i n g  
and v a r i o u s  t i m e  s t e p  s i z e s .  The r e s u l t s  show t h a t  a l l  t h e  methods are n e a r l y  
e q u i v a l e n t  €or  t h i s  case ( F i g u r e  6) .  

M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.016, k=0.1628, 221X20 'C' G r i d  
TTO Pass A l g o r i t k n  
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340" OF OSCILLATORY NOTION, INCREASING THROUGH -0.84" 

F i g u r e  6 
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NACA0012 Unsteady P r e s s u r e  D i s t r i b u t i o n s  
25" of  O s c i l l a t o r y  Motion 

I I I I I I I I I 

* 5810 0 . 2  0 . 4  0 . 0  1 . 0  

S h o r t l y  a f t e r  t h e  next  c y c l e  of motion beg ins ,  t h e  shock on t h e  lower s u r f a c e  
s t a r t s  t o  c o l l a p s e  and move forward. As t h e  a n g l e  of a t t a c k  i n c r e a s e s  through 
1.09", t h e  shock speed becomes maximum. The f i g u r e  below shows c o e f f i c i e n t  of  
p r e s s u r e  a l o n g  t h e  a i r f o i l  f o r  f i r s t  and second o r d e r  d i f f e r e n c i n g  and t h e  same t i m e  
s t e p  s i z e s  as i n  F i g u r e  5. Very l i t t l e  d i f f e r e n c e  i s  observed between f i r s t  and 
second o r d e r  s o l u t i o n s ,  but c o n s i d e r a b l e  d i f f e r e n c e  i n  t h e  shock l o c a t i o n  is  no ted  
f o r  d i f f e r e n t  t i m e  s t e p  s i z e s .  However, as noted p r e v i o u s l y ,  t h e  d i f f e r e n c e  i n  l i f t  
c o e f f i c i e n t  i s  r e l a t i v e l y  small (F igu re  7). 

Y.0.755, Unsteady Alphr=2.51, Yern Alpba=O~.Ol6. k=0.1628, 221x20 'C' C r i d  
Two Pass A l f i o r i t h m  
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25" OF OSCILLATORY MOTION, INCREASING THROUGH 1-09' 

Figure  7 
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Shock Locat ion 

Defining the  shock l o c a t i o n  as  the  a x i a l  l o c a t i o n  where t h e  pressure  c o e f f i c i e n t  
e q u a l s  t he  c r i t i c a l  p ressure  ( fo r  Mach = 0.755, Cp* = -0.51431, the  f i g u r e  below 
shows shock l o c a t i o n  g iven  a t  d i f f e r e n t  time s t e p  s i zes .  The f i g u r e  shows t h a t  t he  
shock l o c a t i o n  appears asymptotic t o  a v a l u e  as t he  time s t e p  decreases.  This 
i n d i c a t e s  t h a t  reduct ion  of t he  time s t e p  s i z e  below 0.01 should not be expected t o  
change the  shock l o c a t i o n  apprec iab ly  (Figure 8). 

u 
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' 0+30t 
1 = 3 . 6 0  
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I I I 
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Log ( A t )  

SHOCK LOCATIONS GIVEN BY DIFFERENT TIME STEP SIZES 

. 50  

Figure 8 
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F r e e z i n g  t h e  F l u x  Jacob ians  f o r  Steady S t a t e  Condit ions 

The i m p l i c i t  e q u a t i o n s  t o  be s o l v e d  have t h e  f l u x  Jacob ians  as c o e f f i c i e n t s .  
S i n c e  t h e  f l u x  Jacob ians ,  AL, AR, BL, etc., 
Q, t hey  s h o u l d  be updated a t  each t i m e  s t ep .  However, D. L. W h i t f i e l d  h a s  shown 
s t e a d y  c a l c u l a t i o n s  i n  which he  d i d  no t  update  ( f r o z e )  t h e  Jacob ians  and a t  
convergence ob ta ined  i d e n t i c a l  r e s u l t s  w i t h  c a l c u l a t i o n s  updat ing t h e  Jacob ians  each 
t i m e  s t e p .  The t a b l e  below shows t h e  obv ious  computat ional  s a v i n g s  by no t  do ing  the 
e x t r a  c a l c u l a t i o n s  each t i m e  s t e p  ( F i g u r e  9) .  

a r e  f u n c t i o n s  of t h e  c u r r e n t  v a l u e s  of 

(8  BLOCK F I N N E D  BODY CALCULATION) 

F i g u r e  9 



F r e e z i n g  t h e  Flux Jacob ians  f o r  Unsteady C a l c u l a t i o n s  

JACOBIAN UPDATE CPU SEC 
.- STEPS CPU SEC P O m E P S  PERCENT 

The e f f e c t  of f r e e z i n g  t h e  Jacob ians  f o r  unsteady c a l c u l a t i o n s  were s t u d i e d  
u s i n g  t h e  o s c i l l a t o r y  NACA0012 as t h e  t es t  case.  The c o n d i t i o n s  t e s t e d  were t h e  
same as p r e v i o u s l y  shown. The t a b l e  below a g a i n  shows t h e  obvious s a v i n g s  from 
u p d a t i n g  e v e r y  1 0 t h  s t e p  (which e q u a t e s  t o  3.6" of o s c i l l a t o r y  motion) and f o r  
n e v e r  upda t ing  t h e  Jacobians.  The c a s e  l i s t e d  as n e v e r  updated used Jacob ians  from 
t h e  s t e a d y  s t a t e  c o n d i t i o n  j u s t  p r i o r  t o  s t a r t  of motion. Other c a s e s  t r i e d  were 
Jacob ians  from t h e  f r e e s t r e a m  s t a r t i n g  c o n d i t i o n s ,  upda t ing  e v e r y  25th s t e p  and 
upda t ing  e v e r y  50 th  s t e p .  Each of t h e s e  r e s u l t e d  i n  s t a b i l i t y  problems ( F i g u r e  10) .  

EVERY STEP 

EVERY low STEP 

4510 1716 8.61~10-~ 100% 

yloo 1382 5. 79x10d5 67% 

NEVER UPDATED yloo 1311 64% 

NACA0012 PlTCHING ABOUT l/4 CHORD 

F i g u r e  10 
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E f f e c t  of Frozen Jacob ians  on L i f t  C o e f f i c i e n t  

L i f t  c o e f f i c i e n t  v s  t i m e  f o r  each of t h e  two f r o z e n  Jacob ian  c a s e s  which proved 
t o  be s t a b l e  are compared with t h e  s o l u t i o n  from upda t ing  e v e r y  t i m e  s t e p .  
t h r e e  s o l u t i o n s  used 1st o r d e r  t ime-accurate  a l g o r i t h m  and a t i m e  s t e p  s i z e  of 0.05. 
One cannot  d i s c e r n  a d i f f e r e n c e  i n  t h e  t h r e e  c u r v e s  shown below ( F i g u r e  11). 

A l l  

M=O ,755,  llns t eady  Alpha=2.5 I ,  Mean Alpha=O . 0 16,  k=O ,1628,  DT-0.05 
0 .  
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5 0 .  
w 
0 
V 

Er, 

4 

k - 0 ,  
c( 

-0 * 

- 0 .  

-0 .  

F i g u r e  11 
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NACA0012 Unsteady Pressure Distributions 
25 Degrees 

A plot of pressure coeEficient along the body for the three cases at 25 degrees 
of oscillatory motion is shown below in Figure 12. This is the same flow condition 
described earlier, when the angle of attack is Increasing through 1.09 degrees and 
the shock speed is near a maximum as the shock on the lower surface collapses. Very 
little difference is noted in the three curves with the only perceivable difference 
being in the shock location similar to the results shown in Figure 7. 

M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.'016,. k=O.  1628, 221x20 'C' 
Two Pass Algorithm, DT=0.05, 1st-Order in Time 
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Figure 12 

227 



NACA0012 Unsteady P r e s s u r e  D i s t r i b u t i o n s  
70 Degrees 

A p l o t  of p r e s s u r e  c o e f f i c i e n t  a l o n g  t h e  body f o r  t h e  t h r e e  c a s e s  a t  70 degrees  
of o s c i l l a t o r y  motion is  shown below. 
i n c r e a s i n g  through 2.37 deg rees  and t h e  shock on t h e  upper s u r f a c e  i s  s t r e n g t h e n i n g  
and moving downstream. 
l a c a t i o n .  
t h e  shock ( F i g u r e  13). 

Th i s  c o n d i t i o n  i s  when a n g l e  of a t t a c k  i s  

Again, t h e  t h r e e  s o l u t i o n s  a r e  i d e n t i c a l  except  a t  t h e  shock 
Note t h a t  t he  n e v e r  updated Jacob ian  shows a s l i g h t  r i n g i n g  a c t i o n  near  

M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.016, k 0 . 1 6 2 8 ,  221x20 ' C '  G r i d  
Two Fa33 A l g o r i t h m ,  DT=0.05, 1st-Order i n  Time 
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NACA0012 Lift Coefficients 

A comparison of calculated lift coefficients with the experimental results of 
Landon (Reference 4) is given in Figure 14. The experimental results were given €or 
one cycle of motion and are duplicated through four cycles on the figure to compare 
to the calculations. Examination of experimental lift coefficient reveals a bias 
towards positive lift not consistent with the small mean angle of attack reported 
for the symmetric airfoil. A correction to the mean angle of attack was calculated 
to account for this bias. The following figures show calculations using both the 
nominal angle of attack of 0.016 degrees and thg 'corrected' angle of attack of 
0.375 degrees. The freestream Mach is 0.755, 'reduced frequency is 0.1628, and the 
unsteady angle of attack amplitude is 2.51 degrees. 

M=0.755, kz0.1628, UNSTEADY ALPHA=2.51 
221x20 ALGEBRAIC 'C' GRID 

0. 

DTYIN=0.10, 2nd ORDER, MEAN ALPHA=0.016 
DTYIN=O.lO. 2nd ORDER, MEAN ALPHA.0.375 
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. . . . . . . . . . . . . . 

5 0 .  1 0 0 .  150. 
TIME 

2 0 0 .  2 5 0 .  

F i g u r e  14 
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NACA0012 Moment Coefficients 

Moment coefficients do not compare with experiment as well as lift, particularly 
for the negative moments. 
comparison (Figure 15). 

The 'corrected' mean alpha of 0.375 did not improve the 

M=O .755, k=O . 1 6 2 8 ,  MEAN ALPHA=O. 0 16, UNSTEADY ALPHA=Z. 5 1 
221x20 ALGEBRAIC 'C' GRID 

0 .  

-0 .  

DTMIN=O.lO, 2nd ORDER, MEAN ALPHA=0.016 
DTYIN=O.IO, 2nd ORDER, MEAN ALPHA=0.375 
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Figure 15 
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NACA0012 Unsteady Pressure Distributions 

The comparison of calculated and experimental pressure distributions is shown in 
Figures 16 through 21. 

M=0.755, U n s t e a d y  Alpha=Z.51, M e a n  A l p h a = O . O l B ,  k=0.1628, 221x20 'C' Grid 
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Figure 16 

tk0.755, Un s t e a d y  Alpha=2.51, M e a n  Alpha=0.016, k=0.1628, 221x20 'C' Grid 
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NACA0012 UNSTEADY PRESSURE DISTRIBUTIONS 
k0.755, Unsteady Alpha=2.51, Mean Alphs=O.O16, k=0.1628, 221x20 'C' G r i d  
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Figure 18 

NACA0012 UNSTEADY P R E S S U R E  DISTRIBUTIONS 
k0.755. Unsteady Alphr=2.51, Me a n  Alpha=O.OlG. k=0.1628, 22lX20 'C' G r i d  
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Figure 19 
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NACA0012 UNSTEADY PRESSURE DISTRIBUTIONS 
M=0.755, Unsteady Alpha=Z.Il, Mean Alphr=O.O16, k=O.1628, 221x20 'C' Grid 
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NACA0012 UNSTEADY PRESSURE DISTRIBUTIONS 
M=0.755, Unsteady Alpha=2.51, Mean Alpha=O.O16. k=O.l628, 22lX20 'C' Grid 
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Rectangular  S u p e r c r i t i c a l  Wing 

E u l e r  c a l c u l a t i o n s  were performed t o  compare t o  t h e  expe r imen ta l  r e s u l t s  of 
R i c k e t t s ,  e t  a 1  (Reference 5). C a l c u l a t i o n s  a t  a h i g h e r  reduced frequency,  k = 
0,714, compare s i m i l a r l y  t o  those  p re sen ted  h e r e ,  k = 0.358. A t  h i g h e r  Mach 
numbers, however, t h e  comparison w a s  much poorer  due t o  m i s l o c a t i o n  of t he  shock by 
t h e  i n v i s c i d  E u l e r  code. The t i m e  s t e p  s i z e  used r e s u l t e d  i n  360 t i m e  s teps  p e r  
c y c l e  of motion f o r  t h e  k = 0.358 case.  Maximum Courant numbers near  500 occur red  
i n  t h e  v i c i n i t y  of t h e  wing t i p  f o r  t h i s  t i m e  s t e p  s i z e .  F o u r i e r  a n a l y s i s  of t h e  
t h i r d  c y c l e  of o s c i l l a t i o n  y i e l d e d  t h e  magnitude and phase of t h e  unsteady p r e s s u r e s  
shown,on subsequent  f i g u r e s .  The t h r e e  c y c l e s  of motion used 6357 seconds on a CRAY 
X-MP ( F i g u r e  22). 

0 U P E H I K N T  BY RIUETTS, SANDFORD, WATSON, AND SEIDEL 
NASA TM 85765, A f f i  84 
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0 12% THICK SUPERCRITICAL AIRFOIL 
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0 4DEGREESEANALPHA 
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C W  

RElNKED FREQUENCY = 0.3% = V, 

F i g u r e  22 
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The wing calcularions were carried out on a grid broken into four blocks to 
obtain the solution using only 2.6 million words of memory. The entire grid has 
dimensions 101x25~27. Block I contains all points below the wing, Block I1 contains 
points wrapping around the wing tip, Block 111 contains all points above the wing, 
and Block IV contains all points downstream of the wing (Figure 23). The method used 
to obtain time-accurate solutions on blocked grids is described in Reference 6 .  
Motion of the wing is modelled by pitching the entire grid containing the wing as a 
rigid body using the time-dependent coordinate transformation described earlier. 

3LOCK 1117 

BLOCK IV 

Z 

Figure 23 
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Rectangular  Wing P r e s s u r e s  
a t  60% Semispan 

Steady p r e s s u r e s  compare f a i r l y  w e l l .  There i s  a s l i g h t  overshoot  a t  t h e  
l e a d i n g  edge and t h e  captured  shock is  a f t  of t h e  exper imenta l  l o c a t i o n  ( F i g u r e  2 4 ) .  
Unsteady p r e s s u r e  magnitude compares w e l l  except  t h a t  t h e  shock s p i k e  i s  downstream 
of t h e  exper imenta l  l o c a t i o n .  Unsteady p r e s s u r e  phase c a l c u l a t i o n s  show e x c e l l e n t  
agreement up t o  t h e  h i g h l y  cambered t r a i l i n g  edge where t h e  experiment and 
c a l c u l a t i o n  d i f f e r  s l i g h t l y  ( F i g u r e s  25 and 26). 
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, 

R E C T A N G U L A R  S U P E R C R I T I C A L  W I N G  
UNSTEADY PRKSSURI DISTRIBUTIONS 
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Figure 25 

R E C T A N G U L A R  S U P E R C R I T I C A L  W I N G  
UNSTEADY PRESSURE DISTRIBUTIONS 
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LOWER SURFACE 
EXPERIMENTAL, y/b=O. 58 
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x/c 

PHASE AT 60% SENISPAN 

Figure 26 
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Rectangular Wing Pressures 
at 95% Semispan 

Steady pressures shown in Figure 27 underexpand slightly in the leading edge 
region but follow the experimental results very closely thereafter. The peak in 
unsteady pressure magnitude shown in Figure 28 near the leading edge is likewise 
calculated to be smaller than experiment. 
excellent agreement. 

Phase results shown in Figure 29 are in 

I i E C T A N C U L A R  S U P E R C R I T I C A L  W I N G  
STEADY PRESSURE DISTRIBUTIONS 

M a c h  0 . 7 0 1 ' ;  4.0 d e g r e e s  A n g l e  of-Attack 
-2.00 

- I  

C P  
- I  

- 0 .  

0 .  

, 5 0 1  0 

. L. CALCULATED / b  = 0.95 

LOWER SURFACE 

EXPERIMENT / b  = 0.95 

UPPER SURFACE x-.-o-- \ _ _ - _  

o UPPER SURFACE 
CJ LOWER SURFACE 

1 I I I I I 1 I I I 

x/c 

STEADY PRESSURE AT 95% SEMISPAN 

Figure 27 
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R E C T A N G U L A R  S U P E R C R I T I C A L  W I N G  
UNSTEADY PRESSURE DISTRIBUTIONS 

M a c h  0.7; 4 d e l  S l c r d J  A l p h a ;  1 d e l  U s l c a d J  A l p h a  

< 0. 
a 

0.60[  

-UPPER ’ 95 ’ 
LOWER SURFACE _ _ _ _  

0.501 

- 9 0 . .  

UPPER SURFAC 
LOWER SURFACE 

L 

0 

EXPERIMENTAL, g/b=O. 95 
0 UPPER SURFACE 
0 LOWER SURFACE 

0.30. 0,41 0 

MAGNITUDE AT 95% SEMISPAN 

F i g u r e  28 

K E C T A N C U L A R  S U P E R C R I T I C A L  W I N G  
UNSTEADY PRESSURE DISTRIBUTIONS 

Mach 0 . 7 ;  4 d c t  S lcady  A l p h a ;  1 d c g  Unrlcadj A l p h a  

EXPERIMENTAL, y/b=0.95 
0 UPPER SURFACE 
0 LOWER SURFACE 

0 

PHASE AT 95% SENSPAN 

F i g u r e  29 
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CONCLUS 1 ONS 

0 TIME-ACCURACY CAN BE OBTAINED AT 
COURANT N U W R S  MUCH GHEATEH THAN ONE 

0 FOK THE CASE PRESENTED, FREEZING FLUX 
JACOBIANS HAD LIlTLE EFFECT ON TIME-ACCUKACY 

0 EULER CALCULATIONS O A H E  WELL WITH NACAOO12 
AND SUPERCRITlCAL WING W P E R I M W T  

0 VISCOSITY REQUIRED TO ACCURATELY mOW_ 
SUPERCRITICAL WING 

Figure 30 
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GU ID ELI  NES FOR PRELIM I NARY ASSESSMENT 

Since emphasis is on the transonic speed range, special importance is 
placed on configurations for which available data are sufficient to define 
accurately a transonic flutter boundary. Only configurations with clean, 
smooth surfaces are considered suitable. Segmented models o r  models with 
surface-slope discontinuities (e.g. ,  beveled flat plate) are inappropriate. 
Excluded also, in general, are configurations and data sets that involve 
behavior that is uncertain or  not well understood, uncertain model 
properties, or known sensitivities t o  small. variations in model properties. 
These may represent challenging research opportunities but do not seem 
appropriate as standard configurations. 

0 Emphasis on transonic speed range 

0 Configurations wi th  clean, smooth surfaces 

Isolated surfaces now 

- Two- and threedimensional  
- With or without control -surface deflections 
- Conventional or supercrit ical a i r fo i ls  

0 Ke l lde f i ned  confiqurationsldata sets 

Geometrical properties 
St ructura l  properties 
F I ow properties 

0 Subcritical-response data as well as f lu t ter  data 

0 Exclude: 

*Complicated shapes and flow 

*Configurationsltests likely to involve 

- Flow separation 
- Uncertain model properties 
- Uncertain behavior 
- Sensitivity to variations in model properties 
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RESPONSE TO SURVEY 

Several years ago, the AGARD Structures and Materials Panel selected 
two-dimensional and three-dimensional standard l i f t ing-sur face  
configurations ( r e f s .  1 and 2) t o  provide a common basis for  comparison of 
pressures and forces calculated by the emerging transonic unsteady 
aerodynamic codes i n  order t o  assess how well these methods model the 
essent ia l  flow physics. It  is appropriate now t o  designate a s imilar  s e t  of 
configurations a s  llstandardll for  the comparison of transonic f l u t t e r  
charac te r i s t ics  and dynamic response (e i ther  forced or turbulence-excited) 
i n  order t o  assess  how well these codes do the job for  which they were 
intended, namely, predict  aeroelast ic  behavior. I n  order t o  assess  the 
s u i t a b i l i t y  of configurations already tes ted and the associated data for  
designation a s  'Istandardll, a survey of AGARD member countries has been 
conducted t o  seek candidates for  the prospective s e t .  The r e s u l t s  of that  
survey were given i n  reference 3 and a r e  summarized here along w i t h  the 
i n i t i a l  select ion of a standard configuration. 

The survey produced no par t icu lar  surpr ises  i n  terms of the unexpected 
abundance or  deficiency of spec i f ic  k i n d s  of data and information. It  was 
no surpr i se ,  for  example, that  su i tab le  data do not appear t o  be avai lable  
from the i n d u s t r y .  The high-aspect-ratio transport-type wings tha t  have 
been f l u t t e r  tes ted generally had pylon-mounted nacelles attached and hence 
a r e  not considered sui table  for  the i n i t i a l  s e t  of standard configurations. 
Similarly, the low-aspect-ratio fighter-type models generally had s tores  
attached. Clean-wing configurations have been tes ted for  f l u t t e r  clearance 
b u t  were not often taken t o  hard f l u t t e r  points i n  order t o  preserve the 
model for subsequent t e s t s  w i t h  a variety of s t o r e  configurations. 

.No par t i cu la r  surpr ises  

.Suitable data not available f rom indus t r y  

.High-aspect-ratio wings have nacelles 

.Low -aspect -rat io wings have stores 
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RESULTS 

The examination and assessment of configurations and data sets 
suggested in the course of the survey have led to the delineation of seven 
configurations which appear to be suitable for use as AGARD standards. All 
of the configurations are isolated clean wings tested in slotted-throat 
tunnels. With the exception of the tunnel-spanning two-dimensional 
configuration, all were side-wall-mounted semispan models. No significant 
flow separation appears to have occurred during the tests, and the angles of 
attack, static deformations, and motions were small enough to minimize that 
concern. However, adequate experimenta1,data'sets presently exist for only 
three of these configurations. 

0 Seven conf igurat ions appear suitable fo r  AGARD standards 

.Four swept wings 
OTVVO unswept wings 

One two-dimensional w inq  

.All were 

Isolated, clean wings 
.WaII-rnounted semispan models (except 2D) 
.Tested in slotted-throat t u n n e l s  

.Adequated experimental data sets exist fo r  on ly  th ree  of these 
conf igurat ions 
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PLANFORM AND MEASURED NODE L I N E S  OF WING 445.6 

The f irst  configuration t o  be tentat ively accepted a s  an AGARD standard 
is designated "Wing 445.611. Wing 445.6 i d e n t i f i e s  the shape of a s e t  of 
sweptback, tapered research models which were f l u t t e r  tes ted i n  both a i r  and 
Freon-12 gas i n  the 16 foot x 1 6  foot NASA Langley Transonic Dynamics Tunnel 
( r e f .  4 ) .  The f irst  d i g i t  of t h i s  numerical designation is the aspect 
r a t i o ;  the second and t h i r d  d i g i t s  indicate the quarter-chord sweep angle; 
and t h e  las t  d i g i t  is the taper r a t i o .  
sections with no twist nor camber, and were tes ted a t  zero angle of a t tack 
( f u l l y  symmetrical conditions).  
construction. For tes t ing ,  each wing was cantilever-mounted from the t u n n e l  
wall w i t h  no simulated fuselage. The wing root was t h u s  immersed i n  the 
wall boundary layer. Since the model was cantilevered, however, l i t t l e  
motion occurred near the root  so  tha t  portion of the wing contributed 
very l i t t l e  t o  the generalized aerodynamic forces d r i v i n g  the f l u t t e r  
motion. Consequently, the e f fec t  of wall boundary layer on measured 
f l u t t e r  charac te r i s t ics  should not be s ign i f icant  as  long as  the boundary- 
layer  thickness is a small f ract ion of the model span, as i t  was for  these 
t e s t s .  

These wings had NACA 65A004 a i r f o i l  

They were of sol id  homogeneous 
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MASS RATIOS FOR WING 445.6 

This configuration and associated data are recommended for several 
The tests in air and freon covered a very wide range of mass ratio reasons. 

(8.5 to 260 overall as shown here). 
were about 12, 34, and 250, the last two values being'for models of 

At Mach number 1.0, mass-ratio values 

I uniformly reduced stiffness. 

320 

240 

Mass 160 
ratio 

80 

0 

Mach number 
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FLUTTER-SPEED INDEX FOR WING 445.6 

The t r anson ic  d i p  is def ined ,  including t h e  supersonic  s i d e ,  and data 
Very good repeatabi l i ty  of  data extend a l s o  well i n t o  the subsonic  range. 

was shown. Flow over the  wing was no t  complicated by the in t e r f e rence  
effect  o f ' a  s imulated fuselage. Moreover, s i n c e  the model and flow were 
f u l l y  symmetrical, the f l u t t e r ' d a t a  are no.t complicated by the  effects of 
s t a t i c  a e r o e l a s t i c  deformation. F i n a l l y ,  note  t h a t  a l i m i t e d  amount of data 
was obtained wi th  models of  d i f f e r e n t  s i z e s  and w i t h  a sting-mounted f u l l -  
span model, but  only i n  t h e  low subsonic  range. 

Flutter 
speed 
index 

- 
Mach number 

249 



WING 445.6 

The features that make w i n g  445.6 attractive as a standard 
configuration are summarized in this.figure. 

Reasons recommended: 

0 No twist, camber, angle of attack -therefore, no static aeroelastic deformation 
0 Cantilever-mounted with no fuselage - therefore, no interference flow 
@Tests covered larqe range of mass ratio 

Transonic dip ful ly defined 
Good repeatability of flutter data 

Information not available: 

.Mode shapes not measured, but have been calculated 



FLUTTER-SPEED I N D E X  FOR TF-8A W I N G  

I I 

The TF-8A wing and associated data s e t s  const i tute  the most complex of 
the candidate configurations considered i n  reference 3. Two models of t h i s  
wing were tes ted i n  a i r  and i n  Freon-12 (refs. 5 and 6). The models were 
mounted on a half fuselage for  tes t ing and were a s  nearly ident ical  a s  
possible except one had a supercr i t ical  a i r f o i l ,  and the other had a 
conventional a i r f o i l .  The data obtained i n  Freon fo r  both wings for  angles 
of attack near zero ( r e f .  5 )  show l i t t l e  s ca t t e r ,  extend well into the  
subsonic range, and include a well-defined transonic d i p .  Moreover, the 
f l u t t e r  boundary for the wing w i t h  supercr i t ica l  a i r f o i l  has been closely 
predicted by modified s t r i p  analysis ( re f .  6). A l i m i t e d  amount of f l u t t e r  
data obained i n  a i r  f o r  the supercr i t ica l  wing a t  angles of a t tack between 
0' and 3' ( r e f .  7 )  shows a dras t ica l ly  detrimental e f fec t  of angle of 
a t tack,  even a t  only one o r  t& degrees. 
f l u t t e r  boundary for nonzero angle of a t tack has been shown by modified- 
s t r ip-analysis  calculations t o  be generated by large var ia t ions i n  mass 
r a t i o  ( r e f s .  7 and 81, although s t a t i c  aeroelast ic  deformation apparently 
has an influence a s  well. 

The unconventional shape of the 

0 .  EXPERIMENTS 

CALCULATIONS 
LOWER DYNAMl C PRESSURE 

---- HIGHER DYNAMIC PRESSURE 

0.5 - 
I r  

196. 

"' 0.3,  Lp56* 
- - - -_  
- - _ _ _ _  

! 
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TF-8A W I N G  

The features  tha t  make the TF-8A wing models a t t r a c t i v e  a s  standard 
configurations a re  summarized here. Note that  calculation of f l u t t e r  
character , is t ics  for  these models should include a l so  calculation of the 
aeroe las t ica l ly  deformed shape and associated s t a t i c  loading about which the 
f l u t t e r  osc i l la t ion  occurs ( r e f s .  7 and 8 ) .  

Reason s recommended: 

Data fo r  wings w i th  conventional and supercr i t ica l  a i r fo i l s  

.Flutter boundary wel l  defined, i nc lud ing  t ranson ic  dip 

.Tests covered large range of mass ra t io  

.Data inc lude effects of nonzero angles of attack 

.Shapes, .frequencies, and generalized masses for  six modes measured 
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SU PERC RIT I C  AL TRANSPORT WING 

The h i g h - a s p e c t - r a t i o  s u p e r c r i t i c a l  t r a n s p o r t - t y p e  wing shown here h a s  
been s t u d i e d  e x t e n s i v e l y  a t  NLR Amsterdam ( re fs .  9 and 10). T h i s  research 
wing was tested i n  t h e  p resence  of  a s i m u l a t e d  f u s e l a g e ,  b u t  was attached a t  
the  r o o t  t o  a n  X-section f l e x u r e  which added a p i t c h  degree o f  freedom t o  
t h e  u s u a l  de fo rma t ions  o f  t h e  wing i t s e l f .  The f l e x u r e ,  i n  t u r n ,  was 
attached t o  a t u r n t a b l e  i n  t h e  t u n n e l  wall which permit ted changes i n  a n g l e  
of attack. The t o r s i o n a l  s t i f fnes s  o f  t h e  wing i t s e l f  appears t o  be  
s u f f i c i e n t l y  h igh  t o  avoid t w i s t i n g  de fo rma t ions  large enough t o  cause  any 
s i g n i f i c a n t  amount of flow s e p a r a t i o n .  

section A - A  

wind-tunnel side wall 

pressure orifices ( 1  2) 

accelerometers (2) 

Global view of flutter model and support. 
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FLUTTER CHARACTERISTICS OF SUPERCRITICAL TRANSPORT WING 

The f l u t t e r  tes ts  of t h i s  wing were performed w i t h  great care and 
precis ion. ,  
have been taken d u r i n g  t h e  approach t o  f l u t t e r  c o n d i t i o n s .  The 
e x c e p t i o n a l l y  l a r g e  number of f l u t t e r  p o i n t s  o b t a i n e d  show ve ry  l i t t l e  
scatter and a re  suff ic ient  t o  d e f i n e  with great accu racy  t h e  transonic 
f l u t t e r  boundar i e s  f o r  nominal angles of attack of -0.35 , 0.85 , and 2.05 . 
It is p a r t i c u l a r l y  noted t h a t ,  t h e  double  transonic d i p  shown f o r  2.05' is 
remarkably l i k e  t h a t  c a l c u l a t e d  fo r  t h e  TF-8A wing a t  2.00' ( ref .  7 ) .  
f l u t t e r  boundar i e s  f o r  t h e  s u p e r c r i t i c a l  t r a n s p o r t  wing, however, do  n o t  show 
t h e  backward t u r n  which w a s  found e x p e r i m e n t a l l y  f o r  t h e  TF-8A wing a t  p o s i t i v e  
a n g l e s  of a t t a c k .  

A c o n s i d e r a b l e  amount of s u b c r i t i c a l - r e s p o n s e  d a t a  a p p e a r s  t o  

0 0 0 

The 

3 

2 

1 

0 
3 

2 

1 

0 

3 

2 

1 

0 

1.6 0.7 0.8 0.9 

O-NO FLUTTER 

1.6 0.7 0.8 0.9 
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SUPERC R I T  I C  AL TRANSPORT WING 

The features that make the supercritical transport wing attractive as a 
standard configuration are summarized here. 

Reasons recommended: 

Flutter boundary very well defined, especially transonic dip 

Subcritical-response data taken 

Data include effects of nonzero angles of attack 

Many flutter points, little scatter 
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STATUS ASSESSMENT - GENERAL 

The assessment of available and needed data and information given here 
is based on a perception of requirements for the establishment of ACARD 
standard configurations, not on research needs. The two are, of course, 
closely related, however. Three rather obvious general comments are 
pertinent: First, high-Reynolds-number data are obviously needed for all 
types of configurations for closer simulation of aircraft flight conditions. 
These data are also needed for standard configuration/data sets. Second, 
data are needed for configurations which incorporate some degree of control- 
surface deflection in their modes of motion. In the absence of suitable 
control-surface data of this type, control-surface effects must be evaluated 
by comparisons of calculations with measured aerodynamic data (e.g., refs. 2 
and 1 1 ) .  
or other prospective candidates, subcritical-response data should be 
recorded as flutter is approached. These data are needed to assess the 
accuracy and validity of calculated subcritical response (which may be 
amplitude-sensitive) as well as to provide information for the continuing 
assessment of methods for extrapolating to flutter points. Static 
aeroelastic deformation should also be measured, if at all possible. 

Third, in any subsequent tests of the recommended configurations 

Based on a perception of requirements for  AGARD standard conf igurat ions,  
not  on research needs 

@High-Reynolds-number data are needed for a l l  types of conf igurat ions 

*For closer s imulat ion of a i rcraf t  f l i gh t  conditions 
*For closer, more val id comparisons w i th  calculations by 

- I n v i s c i d -f I ow theories 
-Viscousl inviscid interact ion methods 
- Navier-Stokes solut ions 

0 Data are needed for conf iqurat ions wi th  control-surface deflections 

*For assessment of calculated contol-surface behavior and  in f l uence  

*For active-control studies 

should be recorded as f lu t ter  is  approached 

on f lu t ter  

0 In f u t u r e  tests subcr i t ical  -response data and static aeroelastic deformations 



STATUS ASSESSMENT - C O N F I G U R A T I O N S  

Moderate-to-High-Aspect-Ratio Wings.- The three c o n f i g u r a t i o n s  l i s t e d  
p rov ide  r e a s o n a b l y  adequa te  r e p r e s e n t a t i o n  o f  moderate- to-high-aspect-rat io  
wings a t  moderate Reynolds numbers. Some p e c u l a r i t i e s  i n  t h e  effect  o f  
a n g l e  o f  at tack on t h e  t r a n s o n i c  d i p  f o r  s u p e r c r i t i c a l  w i n g s  have been 
d e l i n e a t e d ;  models s t i l l  e x i s t  f o r  f u r t h e r  t e s t i n g  as  needed. 

Low-Aspect-Ratio Swept Wings.- The greatest current d e f i c i e n c y  appears 
t o  e x i s t  f o r  l ow-aspec t - r a t io  ( f i g h t e r - t y p e )  swept wings. A s  ind ica ted  
p r e v i o u s l y ,  d e s i g n T r e l a t e d  t e s t i n g  of  such models i n  clean-wing 
c o n f i g u r a t i o n  has u s u a l l y  n o t  been t a k e n  t o  hard f l u t t e r  p o i n t s .  F l u t t e r  
tests are needed for  low-aspec t - r a t io  highly-swept wings a t  z e r o  t o  
moderately h i g h  a n g l e s  of a t tack .  The free-vortex-dominated f low ove r  such 
wings is known t o  i n c r e a s e  s t r u c t u r a l  l o a d s  and decrease f l u t t e r  speeds  
r e l a t i v e  t o  t h o s e  f o r  attached f lows.  Methods f o r  c a l c u l a t i n g  such f l o w s  a t  
t r a n s o n i c  s p e e d s ,  s t e a d y  and unsteady,  are emerging, and expe r imen ta l  data 
are  needed f o r  v a l i d a t i o n .  

Two-Dimensional Wings.- The survey d i d  n o t  r e v e a l  t h e  e x i s t e n c e  o f  any 
t r a n s o n i c  f l u t t e r  data fo r ' two-d imens iona l  wings. However, planned t e s t s  o f  
the MBB-A3 s u p e r c r i t i c a l  a i r f o i l  a t  DFVLR Gd t t ingen  and a t  N A S A  Langley may 
p rov ide  the needed da ta  sets. 

0 Moderate-to-high -aspect-ratio wings: 

adequate standards for 

- Moderate Reynolds numbers 
-Conventional and supercr i t ical  wings w i th  and wi thout  twist  and camber 
-Effects of zero and nonzero angles of attack 
-Subcr i t ica l  response data exist 

Wing 445.6, TF-8A wing, supercr i t ical  t ransport  wing provide reasonably 

Low-aspect-ratio swept wings: 

Greatest deficiency in conf igurat ions and data indicated by survey 
.Flutter tests are needed for low-aspect -ratio highly swept wings at zero 

to moderately h i q h  angle of attack ( f ree-vortexdominated flow) 

OTwod imens iona l  wings: 

.No t ransonic  f lu t ter  data appear to exist 
Imminen t  tests at DFVLR and  NASA should f i l l  need 
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SYMBOLS 

M freestream Mach number 

Po freestream stagnation pressure 

VI flutter-speed index 

a steady-state (or mean) angle of a t tack a t  wing root 

mass r a t i o  'r 
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